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SpaceX has demonstrated that reusing the first stage of a rocket implies a significant
cost reduction potential. In order to maximize cost savings, the identification of
optimum rocket configurations is of paramount importance. Yet, the complexity of
launch systems, which is further increased by the requirement of a vertical landing
reusable first stage, impedes the prediction of launch vehicle characteristics.
Therefore, in this thesis, a multidisciplinary system design optimization approach is
applied to develop an optimization platform which is able to model a reusable launch
vehicle with a large variety of variables and to optimize it according to a predefined
launch mission and optimization objective. An integration of NASA’s CEA program,
detailed mass estimations as well as reverse engineering of Falcon 9’s retropropulsive
landing first stage are used to virtually build launch vehicles for a given set of rocket
parameters, payload mass and target orbit. Due to the enormous amount of possible
parameter combinations, a genetic algorithm is applied to identify optimized launch
vehicle configurations fast and accurately.
Validating the model with Falcon 9 as reference vehicle demonstrated the ability
of the optimizer to predict the gross lift-off weight of a rocket with a maximum
deviation of 3.6%. Extensive testing of the optimization program showcased its
vast potential in rocket design and indicated that methane is a viable rocket fuel
alternative for future launch vehicles.
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With the success of SpaceX’s partially reusable Falcon 9 rocket, the international
market of launch services gained a promising competitor to the traditional expend-
able launch vehicles. Refurbishing and reusing the rocket’s first stage after landing
it by means of retropropulsion allows SpaceX to offer their service at a significantly
lower price than other launch service providers. Because of private companies, e.g.
SpaceX and Blue Origin, disrupting the market, reducing costs became the driving
design factor in today’s space transport economy. This led to rocket reusability once
again being discussed in Europe.
With this paradigm shift from building high-performance expendable launch
vehicles to low-cost reusable rockets, the choice of propellants also needs to be
reevaluated. Due to its thermodynamic properties and availability, cryogenic liquid
methane (LCH4) is promising to be a more economical fuel alternative to the widely
used cryogenic liquid hydrogen (LH2) and kerosene (e.g. RP-1). While the six times
higher density and 90 K higher evaporation temperature of LCH4 facilitate a simpler
and more compact launch vehicle as well as propulsion system design in comparison
with LH2, its higher specific impulse (Isp), preferable coking temperature limits and
cooling characteristics offer advantages in performance, regenerative engine cooling
and reusability in contrast to RP-1. However, as of yet no operational launch vehicle
using LCH4 has been built, which is why its impact on the overall launch vehicle
configuration needs to be assessed to enable a comparison with other propellants on
launch system level.
1.1 Motivation
Finding the optimal design of a launch vehicle is challenging because of the inherent
complexity of the launch system which comprises multiple interconnected subsys-
tems. For a particular mission, various rocket parameters need to be optimized.
Trade-off studies are used to determine, for example, the number of stages in the
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vehicle, their dimensions, the number of engines in each stage, the utilized engine
cycle, propellant combination and mixture ratio as well as combustion chamber pres-
sure and nozzle area expansion ratio. The optimum configuration depends on the
mission and the optimization objective, i.e. highest performance, highest reliabil-
ity or lowest cost. Especially the rocket propulsion system features various design
parameters that determine the characteristics of the launch vehicle, which is why
considerable time and effort are spent in evaluation and development of suitable
methods for quantitative comparison when selecting the propulsion system for a
new multiyear high-cost project [15].
The requirement of a vertical landing reusable first stage increases the complexity
and the interdependencies between the subsystems furthermore. To find the opti-
mum delta-v and therefore propellant mass allocation onto the stages, tools such as
the Lagrange multiplier and Newton-Raphson method are usually used for expend-
able launch vehicles. However, part of the first stage propellant mass is reserved
for the landing maneuvers and greatly depends on the staging configuration, hence
traditional optimization methods cannot be applied.
In order to overcome this intricacy, a multidisciplinary system design optimiza-
tion approach is necessary [9]. Therefore, the first objective of this thesis is to
develop an optimization platform which is able to model a reusable launch vehi-
cle with a large variety of variables and to optimize it according to a particular
launch mission and optimization objective. An optimization program for expend-
able launch vehicles that was developed in the scope of a prior thesis is used as a
basis to build upon [12]. An integration of NASA’s Chemical Equilibrium with Ap-
plications (CEA) program is used to obtain generic engine performance data, which
are compared to currently operational and historical engines for validation. Further-
more, a trajectory simulation is implemented to account for the changing Isp of the
engines during ascent. Reverse engineering of the Falcon 9 vehicle enables the pro-
pellant mass calculation for the landing maneuvers. Detailed mass estimations for
all subsystems facilitate the realistic modelling of the launch vehicle. As the multi-
plicity of rocket parameters results in an enormous amount of possible combinations,
a suitable algorithm to navigate the search space is necessary. Here, genetic algo-
rithms (GAs) have proven to be a robust method for estimating a series of unknown
parameters within a model of a physical system in an optimization problem [10]. In
this work, the Distributed Evolutionary Algorithms in Python (DEAP) computation
framework is used and adapted to the problem at hand. The GA generates random
parameter combinations, each representing a potential launch vehicle, and mimics
natural selection and natural genetics to identify optimized launch vehicle solutions.
To limit computation time, sensible parameter boundaries are implemented. The
possibility of fixing parameters allows the investigation of particular parameter sets
in the optimization program.
The second focus of this work is the application of the optimization program
to study the influence of propellant combination, staging configuration and high-
level rocket engine parameters on the performance of a two-stage-to-orbit (TSTO)
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launch vehicle with reusable vertical landing first stage for various mission configu-
rations. The rocket’s gross lift-off weight (GLOW) is used as the parameter to be
minimized by the GA, as without implementing cost functions the preliminary goal
is to find the parameter set that represents the lightest launch vehicle. In general,
heavier launchers entail higher costs, which is why a weight optimization indirectly
leads to a cost optimization. The main emphasis is laid on the comparison of the
two currently most used liquid rocket fuels, hydrogen and kerosene, with methane,
which is increasingly being researched and promises properties that improve the
engine’s reusability. As reusable launch vehicles are the topic of multiple current
research studies, the results of the XTRAS [19], AKIRA [20], ENTRAIN [22] and
RETALT [23] studies are compared to the output of the optimization program.
Various sensitivity analyses reveal the influences of the Isp, delta-v budget and the
structural efficiency on the launch vehicle performance and thus indicate the ro-
bustness of the optimized launch vehicle solutions. Using the structure mass of a
launch vehicle as a cost measure, the application of the total structure mass as well
as the expendable mass as alternative optimization objectives reveals the influence
of different reuse-cases on launch vehicle design.
1.2 Structure of this Thesis
In this thesis, genetic algorithms are used to develop an optimization program for
reusable launch vehicles. At first, chapter 2 deals with the fundamental tools for
rocket performance and mission requirement calculation. In addition, rocket propul-
sion systems and their characteristics, engine performance parameter calculation, as
well as the concept of rocket staging and its optimization are described in detail.
Furthermore, suitable mass estimations for each launch vehicle subsystem are given
and the functional principle of genetic algorithms is explained. Next, chapter 3
outlines the implementation of the aforementioned into the optimization program,
depicts its workflow and identifies necessary input parameters. Subsequently, the
launch vehicle model in the optimizer is validated with SpaceX’s Falcon 9 as refer-
ence vehicle in chapter 4. In order to obtain the optimum settings of the genetic
algorithm for the following calculations, a hyperparameter tuning is conducted in
chapter 5. Afterwards, chapter 6 presents an extensive comparison of optimized
launch vehicles with regard to their propellant combination and staging configura-
tion. Moreover, assumptions of various current launch vehicle research studies are
applied to compare the results and multiple sensitivity analyses are performed to
examine different influences on launch vehicle performance. At the end, the use of
alternative optimization objectives is explored. Chapter 7 concludes this thesis and





This chapter deals with the theoretical background applied to the software that was
developed in the course of this thesis. It encompasses the basics of rocket propulsion,
the optimization of launch vehicle configurations as well as mass estimations for
important subsystems. Furthermore, genetic algorithms and their use in launch
vehicle optimization are presented.
2.1 Basic Rocket Equations and Definitions
The following section briefly describes the equations and definitions necessary to
understand the basics of rocket design and performance calculation.
2.1.1 Tsiolkovsky Rocket Equation
Named after Russian scientist Konstantin Tsiolkovsky who derived it in 1903, the
Tsiolkovsky equation describes the motion of vehicles that generate thrust by eject-
ing part of their mass at high velocity and thus accelerate due to the conservation of
linear momentum. Assuming a constant effective exhaust velocity ce and no other
forces, such as aerodynamic or gravitational forces, acting upon the rocket, the Tsi-
olkovsky rocket equation is given as:






where ∆v is delta-v, the maximum attainable flight velocity increment of the vehicle,
m0 the initial mass of the rocket before the launch andmf the final mass at burnout.
Even though the delta-v is measured in meters per second, it is not equivalent to
the physical change of velocity as this is only the case in a gravity-free vacuum
and acceleration in direction of the velocity vector. Retropropulsion leads to a
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decrease in velocity but an increase in delta-v. It is an important measure as it
allows comparison of one propulsion system or launch vehicle with another as well
as one flight mission with another and it can show the impact of upgrades and design
improvements on the overall system performance [15].
2.1.2 Thrust and Specific Impulse
The thrust produced by a rocket propulsion system acting upon the vehicle consists
of the momentum thrust term and the pressure thrust term and it is given as [15]:
F = ṁ · ue + (pe − pa) · Ae (2.2)
where F is the thrust, ṁ the propellant mass flow, ue its exhaust velocity relative to
the vehicle, Ae the cross-sectional area at the nozzle exit, pe the exhaust gas pressure
at the nozzle exit and pa the ambient fluid pressure [15].
To maximize thrust, the exhaust gas velocity at the nozzle exit ue needs to be















where γ is the heat capacity ratio, R the universal gas constant, T0 the total tem-
perature inside the combustion chamber, M the average molar mass, pe the pressure
at the exit of the nozzle and p0 the pressure inside the combustion chamber. Maxi-
mizing the exhaust velocity ue requires maximization of T0, minimization of M and
minimization of the pressure ratio pe/p0.
Dividing the thrust by the propellant mass flow yields the effective exhaust ve-





(pe − pa) · Ae
ṁ
(2.4)
According to the Tsiolkovsky equation, the effective exhaust velocity and the
propellant mass fraction of the initial mass determine the possible velocity gain and
hence the performance of the rocket. Therefore, the efficiency with which propellant
mass is converted into thrust is the key indicator for the performance of the rocket
engine and propellant combination [3]. Dividing the effective exhaust velocity by
standard gravity g0 yields the specific impulse Isp as the key measure for the efficiency
of the propulsion system. It is defined as the thrust per sea-level weight rate (per









For the same amount of thrust or delta-v, an engine with a higher Isp consumes
less propellant than an engine with a lower Isp. Using Eq. 2.5 the Tsiolkovsky
equation (Eq. 2.1) can be rewritten as follows:







Depending on the objective of the mission, the payload that is transported by the
launch vehicle is placed into a certain orbit or onto an interplanetary trajectory. In
most cases the payload consists of a satellite, whose purpose determines its target
orbit altitude. Below, an incomplete variety of potential orbits is presented.
Figure 2.1: Low Earth Orbit [1]
LEO
Objects in low earth orbit (LEO) circle earth
at an altitude of 200-1000 km. Because of
its proximity to earth’s surface, this orbit is
commonly used by earth observation satel-
lites as well as space stations, such as the
ISS. To stay in orbit, objects need to travel
at a speed of around 7.8 km/s. It is the most
used of all orbits [1].
Figure 2.2: Medium Earth Orbit [1]
MEO
Medium earth orbits (MEO) comprise a
large range of orbits with altitudes between
LEO and GEO. It is similar to LEO in
that it allows for different orbit inclinations
and does not dictate a specific path around
earth. It is often used by navigation satel-
lites, like the European Galileo system (see
Figure 2.2) [1].
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Figure 2.3: Geostationary Orbit [1]
GEO
Satellites in geostationary orbit (GEO) cir-
cle earth in the equatorial plane at an alti-
tude of 35786 km with a velocity of around
3 km/s to match earth’s rotation. This
makes them appear to be stationary over
a fixed position on earth’s surface. Satel-
lites in GEO are typically telecommunica-
tion satellites. The inclination of a GEO
needs to be 0◦ [1].
Figure 2.4: Geost. Transfer Orbit [1]
GTO
The geostationary transfer orbit (GTO) is
a highly eccentric orbit in which payload is
placed whose target orbit is a GEO. GTOs
have a perigee (point closest to earth) of
200 km and an apogee (point farthest away
from earth) of 35786 km. When the satellite
reaches the apogee it needs to fire its engines
to rise the perigee and reach the GEO [1].
Figure 2.5: Sun Synchronous Orbit [1]
SSO
Sun synchronous orbits (SSO) are a type of
LEO with inclinations greater than 95◦. Due
to earth not being a perfect sphere and the
resulting deviation of its gravitational field,
the plane of a SSO rotates. A rotation of
360◦ per year can be achieved resulting in
the satellite passing a certain point on earth
always at the same time of day. SSOs are
predominantly used by weather and earth
observation satellites [1].
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2.1.4 Delta-v Budget Calculation
After choosing the target orbit, the mission’s delta-v budget can be calculated.
The delta-v budget or mission velocity is the sum of all flight velocity increments
needed to accomplish the mission objective and it is a convenient way to describe
the magnitude of the energy requirement of the space mission [15].
Energy Budget
The total energy required to put an object from earth’s surface into orbit consists
of its kinetic energy in orbit as well as the potential energy that is needed to move
the object in earth’s gravitational field from its position on the surface to its orbital
altitude (Eq. 2.7).
∆Etot = ∆Ekin + ∆Epot (2.7)







where ∆vo represents the orbital velocity of the object and ∆vg the velocity equiv-
alent to the required potential energy. ∆vo can be calculated using the vis-viva
equation, which links local velocity and current position of an object in an elliptical











with µ being the standard gravitational parameter, which is the product of the gravi-
tational constant γ and the massM of the celestial body (for earth: µ= 3.98600 · 1014
m3/s2 [15]), r the distance between the object in orbit and the center of the celestial
body and a the semi-major axis of the elliptical orbit. In the case of a satellite
orbiting earth is r = RE + h, with RE being the earth radius (RE = 6371 km) and
h the altitude of the current satellite position over earth’s surface. The semi-major
axis is a = (rperigee + rapogee)/2.
In order to obtain ∆vg, the gravitational force needs to be integrated over the
altitude change of the object and, due to energy conservation, set equal to its equiv-















with g(r) being the acceleration due to gravity as a function of the distance to earth’s
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Corrections to the Energy Budget
Because of gravity losses, aerodynamic drag, maneuvers and safety margins, the
actually required mission velocity is higher than previously calculated. The formulas
to calculate these losses cannot be computed since drag, acceleration of gravity
and flight path angle are unknown functions of time. Experience and data from
previous missions provide a basis for choosing conservative values for these losses [7].
Furthermore, the rocket gains a velocity increment during launch due to earth’s
rotational speed. This effect depends on the latitude of the launch site and can be
maximally taken advantage of at the equator. A list of typical values for velocity
gains and losses is given in Table 2.1.
Correction Magnitude
Gravity losses 1000 - 1500 m/s
Aerodynamic drag losses 100 - 150 m/s
Maneuvers 10 - 15 m/s
Safety margin 1 - 2 %
Earth rotation (Kourou) -460 m/s
Earth rotation (Kennedy Space Center) -408 m/s
Table 2.1: Velocity gains and losses [14]
Inclination Changes
The inclination i of an orbit is the angle between the equatorial plane and the plane
of the orbiting satellite. It is subject to the launch azimuth, which is the flight
direction at orbit insertion. For a launch direction directly eastward the inclination
becomes minimal and equal to the launch site latitude, otherwise it will always be
greater. An inclination smaller than launch latitude cannot be achieved as the plane
of orbit must contain the center of the earth (the focus of the ellipse) as well as the
point at which the satellite is inserted into orbit. This is why an inclination change
is necessary when a GEO satellite is placed into orbit as long as the launch site is
not located along the equator [7], giving launch sites at small latitudes an advantage
for these missions.
Optimal orbital plane changes requiring minimum delta-v are a complicated mat-
ter and often require two or more impulses (firings of the engines). The following
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formula, used to calculate the delta-v requirement ∆vi for an inclination change
only, requires the old and the new orbit to intersect, which allows a single impulse
maneuver, and to have the same form, meaning that no orbital speed change oc-
curs [7]:




where vo is the orbital velocity at the time of the maneuver and ∆i the angle between
the old and the new orbital plane. It is apparent that large ∆i and inclination
changes at high orbital velocities need to be avoided, as they impose very high delta-v
and therefore propellant mass requirements. For example, an inclination change of
∆i = 60◦ results in a delta-v requirement equal to the current orbital velocity.
Therefore, changes to the orbital plane are best to be performed at the apogee. As
geostationary satellites themselves are mostly responsible for orbit insertion from
GTO to GEO, they also need to perform the necessary inclination changes [24, 16].
Hence, delta-v due to inclination changes will not appear in the delta-v budget used
in this thesis.
Delta-v Budget in the Optimization Program
Using Eq. 2.8 to Eq. 2.11 and applying conservative amounts of losses as well as
gains, the following rounded delta-v budgets for a GTO and a LEO mission can be
obtained and are used throughout this thesis. Losses are assumed to be equal for
both missions, as they occur primarily during ascent of the launch vehicle. During
the flight phase of a GTO mission that differs from a LEO mission, the magnitude of
losses is negligible in the context of this thesis. The following table gives an overview
over calculated values for ∆vo, ∆vg, the resulting ∆vid and finally a rounded value
for ∆v with losses, gains and a safety margin for both missions that is used hereafter
(see Table 2.2). In the end, the total velocity gain supplied by the propulsion system
of the launch vehicle must be equal to or greater than the required delta-v budget
of the mission.
Parameter GTO (200 x 35786 km) LEO (200 x 200 km)
∆vo at perigee 10245 m/s 7788 m/s
∆vg at perigee 1950 m/s 1950 m/s
∆vid 10429 m/s 8028 m/s
∆v 12000 m/s 9500 m/s
Table 2.2: Delta-v calculation
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2.2 Rocket Propulsion Systems
The propulsion system, being the reason for distinction of rockets from other forms
of transportation, is one of the most if not the most crucial subsystem of a rocket.
Although all subsystems are necessary for successful operation, the propulsion sys-
tem has the largest single influence on performance. With its mass and specific
impulse as measure for efficiency, it has a double influence in the Tsiolkovsky equa-
tion (Eq. 2.6). A Vulcain engine delivers up to 4 GW of thermal power, which is
equivalent to the output of a large nuclear power plant in the small volume of its
combustion chamber [3]. Handling these levels of thermal and mechanical loads is
a major challenge resulting in highly complex architecture, making the propulsion
system the most expensive part of the launch vehicle. A cost breakdown for the
first stage of an Atlas V (401) rocket is shown in Fig. 2.6 a). Due to large thermal
gradients, high heat fluxes, thermal and mechanical stresses as well as cyclic loads,
the rocket propulsion system is responsible for more than 50% of all failed launch
missions (see Fig. 2.6 b)). Therefore, reliability and durability are paramount in the
design of a rocket engine, especially for reusable engines.
Figure 2.6: First stage cost breakdown (a)) [2] and frequency of cause of failure of
launch systems (b)) [3]
Classification
One way to classify rocket propulsion systems is the physical concept by which
energy is added to the ejected propellant mass. Fig. 2.7 gives an overview over
different types of propulsion systems for space vehicles. As only chemical and nuclear
engines are capable of delivering high levels of thrust, they are the only propulsion
methods qualified for space launch applications. Failure always being a possibility,
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nuclear engines have not yet been used in launch vehicles to avoid the devastating
consequences of radioactive fallout.
In chemical rocket propulsion the energy from a high-pressure combustion reac-
tion of propellant chemicals allows the heating of reaction product gases to very high
temperatures (up to 4100 ◦C). The subsequent thermodynamic expansion of these
gases in a nozzle accelerates them to high velocities (up to 4300 m/s) [15]. Chemical
propulsion systems can be further divided depending on the state of matter of the
used propellants. Rocket engines using liquid or solid propellants constitute the ma-
jority of the used chemical propulsion systems and are therefore described in more
detail hereafter.
Figure 2.7: Classification of space propulsion systems [3]
Comparison of Solid and Liquid Propellants
Liquid and solid propellants each have advantages and disadvantages that determine
their fields of application. A comparison of some of their properties is given in
Table 2.3. A clear statement whether one or the other is better can only be made
in the context of a specific use case. Because of instant readiness, good storability
and reliability due to their simple architecture, solid propellant motors are preferred
for military missiles [15]. In space launch applications, the high power density of
solid propellants make them useful for booster stages that support the main stage’s
engine(s) during ascent, delivering high levels of thrust whilst keeping compactness
(e.g. Ariane 5, Space Shuttle). Liquid propellant rocket engines have the advantages
of a high specific impulse as well as throttling and restart capabilities, making them
the preferred propulsion system for main and upper stages of high-performance
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launch vehicles. They can also be used for liquid propellant boosters, which is
called a Common Core configuration if the booster stages are identical with the
rocket’s main stage (e.g. Delta IV Heavy, Falcon Heavy). Furthermore, they can
be designed for reusability if stages of a launch vehicle or a spacecraft are to be
recovered and reused.
Solid Propellant Motors Liquid Propellant Engines
Advantages High thrust levels possible High specific impulse
Good storability Can be stopped/throttled
Ready to operate quickly Can be designed for reusability
Disadvantages Low specific impulse Complex design/expensive
Cannot be stopped/throttled Cryogenic propellant handling
Cannot be tested prior to use Large temperature gradients
Table 2.3: Advantages and disadvantages of solid and liquid propulsion systems [15]
Propulsion System in the Optimization Program
The TSTO launch vehicle configuration with a reusable first stage that is optimized
in this thesis neither includes solid nor liquid propellant boosters attached to the
main stage. Therefore, solely liquid propellant engines are utilized for both upper
and main stage of the rocket. There are different ways to categorize liquid propellant
rocket engines, for example by their thrust level, their application, their propellants
or by their feed system type [15]. For this work, only high-performance engines of
the main propulsion system of the launch vehicle producing high levels of thrust
are considered, requiring a pump-fed liquid bipropellant (oxidizer and fuel) system.
The engines’ functionality, possible propellant combinations and the calculation of
engine parameters in the optimization program is described in the following sections.
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2.2.1 Liquid Propellant Rocket Engines
Figure 2.8: Schematic of a thrust
chamber assembly
For a bipropellant rocket engine, oxidizer
and fuel are stored in separate tanks as a
liquid and are injected into the combustion
chamber where they mix under high pressure
and the combustion reaction takes place.
The hot reaction product gases are acceler-
ated in the converging part of the nozzle,
reaching Mach 1 in the nozzle throat (small-
est diameter of the nozzle). After that, they
are expanded to high exit velocities in the
diverging section of the nozzle, producing
thrust in the opposite direction. The pres-
sure difference pe-pa at the nozzle exit also
influences the produced thrust (see Eq. 2.2).
A schematic of a thrust chamber assembly,
consisting of injector, combustion chamber
and nozzle, is shown in Fig. 2.8, visualizing
the previously described process. Despite
there being many more parameters charac-
terizing a liquid propellant rocket engine and
its operation, some that are important for
the course of this thesis are subsequently de-
fined and described.
• Combustion chamber pressure pc: For the same geometry, an increase in com-
bustion chamber pressure pc results in higher chamber temperatures and there-
fore higher exhaust velocities (see Eq. 2.3) as well as greater mass flow, thus
increasing produced thrust. Keeping performance parameters constant, in-
creasing combustion chamber pressure leads to smaller thrust chambers [15].
• Mixture ratio ROF: The mixture ratio is the ratio of oxidizer mass flow and
fuel mass flow. It affects the temperature in the combustion chamber as well
as the average molar mass of the exhaust gases, hence having an effect on
exhaust gas velocity, produced thrust and Isp. Stoichiometric ROF often does





• Nozzle throat area At: The nozzle throat is the cross-section of the nozzle with
the smallest diameter dt. Its area At influences the total mass flow through the
nozzle and with that the achievable thrust, as the velocity in this cross-section
is always Mach 1 for all supersonic flows in the diverging nozzle section [15].
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• Nozzle area expansion ratio ε: Being an important parameter for nozzle design,
the area expansion ratio is the ratio of the nozzle exit area Ae and the nozzle
throat area At [15]. A greater area ratio leads to further expansion of the
exhaust gases in the nozzle, increasing their velocity and decreasing the nozzle
exit pressure pe. The area ratio for which pe is equal to the ambient pressure
pe = pa is called the optimum expansion ratio [15], eliminating the pressure
term of the thrust equation (see Eq. 2.2). The ε of a nozzle needs to be
carefully chosen according to its application, as it influences the nozzle flow





The type of tanks and the propellant feed system also characterize the engine.
Storing propellants in high-pressure tanks allows feeding them merely by means
of the pressure gradient. This is called a pressure-fed engine, the simplest form
of liquid propellant rocket engine, as it only requires piping to connect the tanks
with the thrust chamber and valves to control mass flow. To withstand the high
pressure, the tanks need to be very sturdy and thrust is limited, rendering this
system useless for large stage propulsion systems. On the other hand, using low-
pressure tanks demands for a feed system that also pressurizes the propellants. This
requires turbine powered pumps. The different propellant flow paths, methods of
operating the turbopumps as well as handling of the turbine exhaust gases are called
engine cycles and categorize the pump-fed liquid propellant rocket engines [15].
2.2.2 Engine Cycles
The three most common engine cycles are the gas generator cycle, the staged com-
bustion cycle and the expander cycle. A schematic of their functional principle is
shown in Fig. 2.9 and briefly described below.
Gas Generator Cycle
In the gas generator cycle a usually fuel rich portion of the propellants that amounts
to 1-4% of the total propellant mass flow is fed to the gas generator and burned to
create the hot gas required to power the turbine. The ROF of the gas generator
is chosen so that the gas temperature stays in the range of 900-1350 K and the
turbine blades do not require cooling. The remainder of the propellants are injected
into the combustion chamber, the oxidizer directly and the fuel after it has been
fed through cooling channels in the nozzle to minimize its inside wall temperature
(regenerative cooling). This cycle is called an open cycle because the exhaust gases
leaving the turbine are not injected into the combustion chamber. They can be
either discharged overboard via one or two separate small low-area-ratio nozzles or
aspirated into the main flow through openings in the diverging nozzle section fur-
ther downstream from the nozzle throat to provide film cooling to the nozzle walls.
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Figure 2.9: Engine cycles. From left to right: gas generator, staged combustion,
expander [4]
Both methods provide a small amount of additional thrust. Because of relatively
low system pressures, the gas generator cycle is a relatively simple cycle resulting
in less expensive engines and low engine masses [15]. As part of the propellants is
not available for combustion and expansion in the nozzle, the Isp is lower than in
closed cycles. Increasing the combustion chamber pressure results in an increased
power demand of the turbines and therefore the need to burn a greater portion of
the propellants in the gas generator, reducing the achievable Isp. This makes the
staged combustion cycle, a closed cycle, superior for higher combustion chamber
pressures [3]. The relationship between the achievable specific impulse and combus-
tion chamber pressure for a gas generator and a staged combustion cycle is shown
in Fig. 2.10 (LOX/LH2 engine, ROF = 6, F = 1000kN , constant geometry, ε is
increased with pc). It can be observed that the maximum achievable Isp of the gas
generator cycle corresponds to a combustion chamber pressure of around 120 bar
for this configuration. Europe has a long history of building gas generator engines
(e.g. HM7B, Vulcain 1, Vulcain 2) and therefore a lot of experience with this cycle.
Staged Combustion Cycle
The staged combustion cycle is a closed engine cycle. The entire fuel mass flow
is fed through the cooling channels in the nozzle before being burned with part of
the oxidizer in a high-pressure pre-burner powering the turbopumps. The ROF in
the pre-burner of the staged combustion cycle is also chosen so that the maximum
entry temperature of the turbines is not exceeded. The turbine exhaust gases and
the remainder of the oxidizer are then injected into the combustion chamber [15].
Different configurations of this cycle are possible, including one or multiple pre-
burners and fuel-rich or oxidizer-rich combustion in the pre-burner depending on
the propellant type [3]. This cycle leads to high combustion chamber pressures and
even higher pre-burner pressures as all the hot gas from the pre-burner(s) is later
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Figure 2.10: Isp as a function of pc for gas generator and staged combustion cycle
(Isp [m/s] = Isp [s] · g [m/s2]) [3]
injected into the combustion chamber. Highest pump-exit pressures are necessary
to operate this cycle. This results in smaller thrust chambers but heavier and more
complex turbopumps and piping. High-thrust engines using the staged combustion
cycle deliver the highest Isp but are also heavier, much more complex and costly
than gas generator engines [15].
Expander Cycle
In the expander cycle the entire fuel mass flow is also generally used as a coolant
for the engine nozzle. Picking up energy while cooling down the nozzle walls, the
fuel changes to the gaseous phase and expands in the turbine before being injected
into the combustion chamber with the oxidizer. Being a closed engine cycle, the ex-
pander cycle has the advantages of high Isp, simple design and low engine mass [15].
However, only relatively small combustion chamber pressures and thus thrust levels
can be achieved as higher chamber pressures would require higher power for the tur-
bopumps requiring the fuel to pick up more energy in the cooling channels. Longer
combustion chambers with longer cooling channels would be necessary, increasing
the engine mass and hence impairing the engine’s thrust-to-weight ratio. There-
fore, the maximum combustion chamber pressure of an expander cycle engine lies
at around 6 MPa (60 bar) [3].
Comparison and Selection of Engine Cycles
The following comparison of the engine cycles aids in the understanding of their
range of use as well as in the selection process in the context of this thesis. A
summarization of the characteristics of each engine cycle and its application is given
in Table 2.4. It can be observed that the expander cycle cannot deliver high thrust
levels, hence regarding stage propulsion it is only capable of powering smaller upper
stages. As the upper stage of a TSTO launch vehicle with a reusable first stage
18
tends to be larger than for expendable launch vehicles, the expander cycle cannot
provide sufficient thrust and is not considered for use in the optimization process in
this thesis.
Engine Cycle Application Characteristics
Expander Upper stages Chamber pressure: low (< 60bar)
Thrust: low-medium (80 - 200kN)
Specific impulse Isp: high
Simple / low cost
Gas Main stages & Chamber pressure: medium (< 130bar)
Generator Upper stages Thrust: large range (30kN - 7MN)
Simple / low cost
Staged Main stages & Chamber pressure: high (< 300bar)
Combustion Large upper stages Thrust: large range (80kN - 8MN)
Specific impulse Isp: high
Complex / high cost
Table 2.4: Application and characteristics of various engine cycles [3]
In order to decide between the gas generator and the staged combustion cycle,
several factors need to be taken into account. As both cycles are capable of pro-
ducing a large thrust range and are eligible for both main and (large) upper stage
propulsion, the decision is a trade-off between performance, reliability, reusability,
costs and existing know-how. Having a clear performance-wise advantage, the staged
combustion cycle is highly complex and consists of more moving parts than its coun-
terpart. This leads to the assumption that in general gas generator engines are more
reliable as with less moving parts less errors can occur. The staged combustion cy-
cle’s complexity is also reflected in its costs and reusability. The RS-25 engine,
the Space Shuttle Main Engine (SSME), for example had a unit cost of more than
50 M$. It was designed to be reused for 55 missions but the real number of accom-
plished missions of the individual engines varied greatly with only one engine being
used 22 times and others needing replacement after just one flight (see Fig. 2.11) [3].
Although there is no such data available yet for the reusable Merlin 1D gas genera-
tor engine that powers SpaceX’s Falcon 9 rocket, it is decided to use gas generator
engines for the launch vehicles that are optimized in this thesis. This is justified
due to Europe’s vast experience with this cycle, the reference vehicle (Falcon 9, see
Ch. 4) also using gas generator engines, as well as the prospect of much lower costs.
For the calculations in the optimization program, a gas generator temperature of
900 K, a maximum turbine pressure ratio of 20, and a turbine as well as oxidizer
and fuel pump efficiency of 50% are applied.
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Figure 2.11: Number of accomplished missions of the Space Shuttle Main Engines [3]
2.2.3 Liquid Propellant Combinations
In contrast to a monopropellant system that uses thermal or catalytic decomposi-
tion of one propellant to create hot gas, a bipropellant system relies on the chemical
reaction of an oxidizer and a fuel component. This reaction can be triggered by
merely mixing the two propellants in the combustion chamber (hypergolic propel-
lants) or by an ignition system that provides the required activation energy. Pro-
pellants can be further categorized by their state of matter at ambient conditions
on earth’s surface. If they are liquid, they belong to the storable propellants and if
they need to be cooled to extremely low temperatures to maintain a liquid state,
they are called cryogenic propellants. As the general properties of liquid propellant
rocket engines were already explained in Ch. 2.2.1, in this section, some possible
propellant combinations are presented and their characteristics compared regarding
performance, impact on launch vehicle configuration and engine reusability. First,
an overview of the propellant combinations and their properties is given in Table 2.5,
followed by an elaboration of their effect on application. For each of the four liquid
propellant combinations LOX/LH2, LOX/RP-1, LOX/LCH4 and NTO/MMH, the
stoichiometric mixture ratio and the ROF that maximizes the specific impulse are
given. For both ROFs, combustion temperatures and vacuum specific impulses for
a combustion chamber pressure of 100 bar and the nozzle area ratios ε = 45 and
ε = 200 are presented. Additionally, the densities at storage conditions, the boiling









7.94/4.9 3.41/2.8 3.99/3.5 2.5/2.4
Combustion
temperature2 [K] 3642/3280 3741/3750 3609/3607 3421/3430
Vacuum specific
impulse3 [s] 437/457 353/361 366/371 342/344
Vacuum specific
impulse4 [s] 467/477 380/384 393/395 363/363
Density5
[kg/m3]
1140/71 1140/807 1140/424 1447/879
Boiling













Table 2.5: Propellant combination properties
Performance
It can be easily observed that the combination LOX/LH2 delivers the highest specific
impulse of all presented propellants. The other combinations lie somewhat closer
together regarding their performance, with LOX/LCH4 having the second highest
Isp values, followed by LOX/RP-1 and NTO/MMH. Typically, the latter has an
Isp of around 10-20 s less than LOX/RP-1 whose Isp lies around 10-13 s under the
LOX/LCH4 combination’s specific impulse depending on the engine configuration.
In Fig. 2.12 an overview of the vacuum specific impulses of various propellant combi-
nations for different mixture ratios is depicted. Comparing ROF and Isp values from
Table 2.5 with Fig. 2.12 shows that performance is increased with a lower than stoi-
chiometric ROF for all propellant combinations. This means an ROF corresponding
to a fuel-rich combustion is favorable regarding a performance driven engine de-
sign, as this results in a larger portion of low-molecular-mass reaction products and
thus higher exhaust velocities for many bipropellants (see Eq. 2.3) [15]. The ROFs
for engines using LOX/RP-1 or LOX/LCH4 are commonly chosen close to their
performance optimum [3].
1[3]
2For stoichiometric / Isp optimum ROF at 100 bar [5]
3For stoichiometric / Isp optimum ROF at 100 bar, ε=45 [5]
4For stoichiometric / Isp optimum ROF at 100 bar, ε=200 [5]
5Under storage conditions [15]
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Figure 2.12: Vacuum specific impulse as a function of the mixture ratio
(pc=100bar, ε=45) [5]
Impact on Launch Vehicle Configuration
The propellant density has a visible influence on the launch vehicle configuration.
Liquid hydrogen has a density of only 71 kg/m3, which leads to large tank vol-
umes and therefore large launch vehicles, increasing aerodynamic drag. Although
LOX/LH2 has the best Isp of the regarded propellants and therefore requires less pro-
pellant mass for the same mission, a launch vehicle using this propellant combination
can still be larger and thus have a greater structure mass than its counterparts using
other propellants, whilst having a considerably smaller overall mass. As the density
of liquid oxygen is around 16 times greater than liquid hydrogen’s density, the ROF
for the LOX/LH2 combination is commonly not set to the fuel-rich performance
optimum. In order to decrease overall rocket size and therefore structure mass, the
ROF is chosen between stoichiometric and performance optimum. Another way to
choose the mixture ratio for a propulsion system is aiming to use propellant tanks of
the same size for both oxidizer and fuel, simplifying production of the tanks. This
is usually done for rockets using the NTO/MMH combination, which results in an
ROF that is even more fuel-rich than the optimum mixture ratio [3]. Due to their
density difference, propellant tanks of similar size are also achieved by using the
performance optimum ROF for LOX/LCH4.
Propellants can be categorized into storable or cryogenic propellants according
to their boiling temperature. If their boiling temperature lies below -150◦C (123 K),
the propellant is cryogenic (liquefied gas at low temperature), if it lies above ambi-
ent conditions on earth, it is storable. Cryogenic propellant tanks require insulation
to minimize vaporization losses and condensation on the tanks’ outside as well as
6[15]
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venting to prevent pressure increase [15]. Because of its extremely low boiling tem-
perature of 20.4 K, this is especially important for liquid hydrogen. At temperatures
this low many metals become brittle, making the choice of suitable tank and piping
materials difficult [15]. Oxygen and methane also belong to the cryogenic propellants
but have higher boiling temperatures, which entails simpler insulation.
Reusability
When reusability becomes a criterion for the selection of a propulsion system, the
number of flights and reignitions, serviceability as well as the total cumulative firing
time become key requirements of the rocket engine [15]. The impact of the propellant
choice on these key requirements needs careful consideration.
Since the main stage engines of a TSTO launch vehicle with reusable first stage
have to be fired multiple times, a reliable ignition system is required. Hypergolic
propellants elude this necessity as they ignite when they are mixed, giving the
NTO/MMH combination an advantage. On the other hand, NTO and MMH are
both highly toxic and known carcinogens, resulting in more safety provisions and
high-cost on ground operation [15], which especially impedes the handling and refur-
bishment of a reusable stage. As serviceability and low-cost operation are crucial for
future reusable launch vehicles, the NTO/MMH propellant combination is not con-
sidered for the launch vehicle optimization carried out in this thesis and is therefore
not further discussed.
Other important aspects impacting the reusability of an engine are fatigue failure
and cumulative thermal stress cycles, which are strongly affected by the tempera-
tures in the engine, regenerative cooling efficiency and material compatibility [15].
In general, higher combustion temperatures demand a more sophisticated combus-
tion chamber as well as cooling system design. Looking at Table 2.5, it can be
observed that the combustion temperature of LOX/LH2 is, apart from combustion
chamber pressure, strongly dependent on its mixture ratio. For an often-used mix-
ture ratio range of 6-7 the combustion temperature lies between 3525 and 3625 K [5].
The other propellant combinations do not show such distinct combustion temper-
ature differences regarding changes in ROF in its applicable range. Comparing at
stoichiometric ROF, the LOX/RP-1 propellant combination has the highest combus-
tion temperature, with LOX/LH2 producing the second highest temperature closely
followed by LOX/LCH4. As no material can withstand these temperatures, one
propellant, typically the fuel, is used for regenerative cooling. The capacity of the
cooling system is therefore dependent on the characteristics of the fuel. Here, LH2,
RP-1 and LCH4 display very different properties. Hydrogen is deemed an excel-
lent regenerative coolant [15], and in comparison with kerosene, methane is showing
superior cooling properties, higher coking limits and less soot deposition, with the
latter two being especially important in the context of reusability [25]. Although
methane’s physical properties in the cooling channels are difficult to predict since
it is operated in the trans-critical regime [26], CFD-data trained artificial neural
networks have already proven to be able to quickly deliver predictions with suffi-
cient accuracy [27]. For hydrogen-rich atmospheres under high pressure, material
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compatibility needs to be assessed, as hydrogen embrittlement can occur [3].
Propellants in the Optimization Program
In the optimization routine developed in the course of this thesis, the propellant
characteristics that influence reusability, such as combustion temperature, cooling
properties, coking and sooting, are not taken into account. However, the propellant
and ROF choice impact the engines’ specific impulse, the propellant mass, tank
size, insulation requirements and ultimately the gross lift-off weight (GLOW) of
the launch vehicle. This shows that the interdependencies between the subsystems
necessitate optimization on launch vehicle system level. In this thesis, the propellant
combinations LOX/LH2, LOX/RP-1 and LOX/LCH4 are examined with regard to
their impact on the launch vehicle configuration.
2.2.4 Engine Parameter Calculation
In order to determine the characteristic properties for an engine, NASA’s CEA
(Chemical Equilibrium with Applications) program was integrated into the opti-
mization routine. It can be used to obtain chemical equilibrium compositions of
complex mixtures and it is able to deliver theoretical rocket performance parame-
ters [28]. Existing engines’ performance data was compared with calculated values
to improve the results. As the specific impulse of the first stage engines changes
during ascent, a simple trajectory simulator was implemented to calculate a mean
Isp, which is expected during the optimization routine to determine the required
propellant mass (see Ch. 2.3.2).
CEA Program
The used propellants (fuel and oxidizer), the mixture ratio, the combustion chamber
pressure and the nozzle area ratio are the necessary input parameters to receive the
values for the hot gas density and sonic velocity at the nozzle throat as well as the
sonic velocity, Mach number and pressure at the nozzle exit and the vacuum specific
impulse for this engine configuration. These output parameters combined with the
preset nozzle throat diameter are used to subsequently calculate mass flow, vacuum
thrust, sea-level thrust and sea-level Isp. For gas generator engines the mass flow
that accounts for the hot gas powering the turbines is calculated according to [12],
with the overall ROF of the engine and its Isp changing accordingly. As this process
is repeated often and the call of the CEA program takes a relatively long time, the
output data for the propellant combinations LOX/LH2, LOX/RP-1 and LOX/LCH4
was precompiled into csv files which are crawled by the optimizer to find the current
engine configuration and its properties.
For the execution of the CEA program the infinite-area combustion variant was
chosen, because this configuration allows choosing between the assumptions of a
shifting equilibrium composition or a frozen composition during expansion [28].
With the frozen equilibrium method, no chemical reactions or phase changes take
place in the nozzle, hence the product composition at the nozzle exit is identical
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to that in the combustion chamber. Performance is usually underestimated by 1
to 4%. On the other hand, the shifting equilibrium implies instantaneous chemical
equilibria, reactions and phase changes between gaseous and condensed phases of
all molecular species in the exhaust gas, resulting in a different product composition
in the combustion chamber and the nozzle exit. This method typically overesti-
mates performance by 1 to 4% [15]. In order to obtain more accurate performance
data, Bray introduced the sudden-freezing criterion, which assumes shifting equilib-
rium nozzle flow until a freezing point, after which the subsequent expansion takes
place with frozen equilibrium composition as the reaction rates of the recombination
reactions decrease with decreasing density during adiabatic expansion [29]. It is in-
dicated by [30] that Bray’s freezing-point can be presumed to lie closely downstream
of the nozzle throat for a combustion chamber pressure of around 50 bar, moving
towards the nozzle exit with increasing combustion chamber pressure, resulting in
a complete shifting equilibrium for combustion chamber pressures greater than 100
bar.
However, a successful application of the freezing point criterion can only be
achieved after extensive evaluation of the kinetics of the recombination mechanisms
for the particular propellants [31]. As this is beyond the scope of this thesis, per-
formance parameters of a number of real engines were recalculated using the CEA
program with shifting equilibrium and frozen equilibrium and compared to their
actual values.
Improving Performance Data Accuracy
The deviations of the calculated Isp from the Isp of currently operational and histor-
ical engines in % are plotted over the combustion chamber pressure in Fig. 2.13 a).
Detailed data can be found in Appendix B. It can be clearly observed that for lower
pressures (< 80 bar) the calculation with frozen equilibrium delivers better results,
whereas for higher combustion chamber pressures the shifting equilibrium method
delivers more accurate results. Applying a linear regression line and using it as a
correction formula in the engine parameter calculation of the optimization program
promises sufficiently accurate results, as the phenomenon of overestimating perfor-
mance of engines with lower combustion chamber pressure in shifting equilibrium
calculations was successfully mitigated for the engines at hand (see Fig. 2.13 b)).
As higher-pressure engines are assumed to be more important for the investigated
optimization problems, the shifting equilibrium method with correction formula has
been chosen to henceforth calculate engine parameters in the optimization program.
It proved to be more accurate for calculations in this combustion chamber pressure
regime and performance parameters will be less affected by the correction formula.
Trajectory Simulation
In order to determine the propellant mass of the first stage during the optimization,
the optimizer expects a mean Isp that reflects the variation of the first stage engines’
specific impulse over the duration of the ascent. As its value depends on the engine
thrust which in turn varies with the ambient pressure, a stepwise calculation of the
engine parameters from launch until main engine cutoff (MECO) is required. As
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Figure 2.13: Isp deviation of CEA engine data from data of real engines for shifting
and frozen equilibrium with regression line (a)) as well as comparison of Isp deviation
with and without correction formula for shifting equilibrium (b))
a launch trajectory optimization is not part of this thesis, a simple 2D-trajectory
simulation with an atmospheric model was implemented into the iterative rocket
mass calculation process. The gravity turn is assumed to begin at an altitude of
250 m and to end at a final pitch-value of 25◦. With a typical burn duration of
Falcon 9’s first stage, a constant pitch rate of 0.45 ◦/s was deduced [32]. This way,
the current values for acceleration, velocity, altitude, ambient pressure, thrust, Isp
and propellant mass can be estimated for each time step and the mean Isp can be
derived. A time step of 1 s was deemed to be sufficiently small for this application.
Since gravity losses are subject to the pitch angle [7], they are considered by this
trajectory simulation, however atmospheric drag is neglected here for the sake of
simplicity and its relatively small magnitude. Absolute accuracy is not the pretense
of this method, but it reflects different launch vehicle configurations and therefore
improves the results of the optimization program. For the first iteration the mean
Isp is calculated only from sea-level and vacuum specific impulse of the engines, as
propellant mass and other launch vehicle masses are still unknown. An example for
the difference between this value and the one derived from the stepwise trajectory
simulation is plotted in Fig. 2.14. The blue graph represents the current Isp for each
point in time, the orange one the mean Isp if only the latest Isp and the sea-level
Isp are considered and the green one shows the mean Isp if the current Isp’s of all
time steps until this point are taken into account. It can be observed that for this
launch vehicle configuration the method that is represented by the orange graph
overestimates the mean specific impulse until a flight time of approximately 95 s is
reached. In this case, at engine cutoff the difference in mean Isp between the two
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methods is 6 s which amounts to roughly 2%.
Figure 2.14: Current specific impulse and arithmetic mean specific impulses consid-
ering all past time steps (green) as well as only the latest and the first time step
(orange) for the duration of the first stage engine burn
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2.3 Rocket Staging
Looking at the Tsiolkovsky equation (Eq. 2.6), it becomes obvious that the perfor-
mance of a rocket (delta-v) is limited by two factors, the specific impulse (Isp) of its
engines as well as the ratio of its initial mass before launch (m0) and its final mass
after burnout (mf ). As engine performance is restricted by propellant type and
engine cycle, the mass ratio needs to be maximized in order to achieve maximum
rocket performance. With m0 being the sum of the rocket’s structure mass ms, its







Maximizing the mass ratio implies minimizing the rocket’s final mass mf , which
can only be reasonably done by minimizing the structure mass ms of the rocket
for a given payload mass mpl. A measure of the efficiency of a rocket design is the
structural coefficient ε. It is equal to the structure mass divided by the structure





Being independent of the payload mass, the structural coefficient is suitable for
the comparison of different rockets and it is utilized for stage optimization (see
Ch. 2.3.2). As delivering a payload into GTO via a single stage to orbit (SSTO)
launch vehicle is not feasible with today’s technology [15], the use of a multistage
launch vehicle is required. The concept of rocket staging makes use of the fact
that while propellant is burnt, some of the structure mass encasing it becomes
useless. Allocating the propellant mass onto separate stages allows dropping off
this dead mass when all propellant of a given stage is expended and its tanks are
empty. This way, it is possible to accelerate the final stage with the payload to a
higher terminal velocity than with a single stage configuration [15]. In the following
sections, an overview of different staging configurations is given, and the process of
stage optimization is explained.
2.3.1 Staging Configurations
The two most commonly used types of staging are serial staging and parallel staging.
A depiction of both configurations is shown in Fig. 2.15. Serial staging effectively
means stacking several rockets on top of each other. When the tanks of the bottom
stage are empty, it is jettisoned and the following stage is ignited. The advantages
of serial staging are that the engines can be adapted to the environment in which
they are operated, thus optimizing performance of the propulsion systems, as well
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as reducing the rocket’s structure mass by jettisoning empty stages, resulting in an
increased payload capacity [6].
Figure 2.15: Serial vs. parallel stag-
ing [6]
On the other hand, parallel staging
means mounting several stages and activat-
ing them in parallel. Compared to serial
staging, parallel staging offers the advantage
of using all engines during the entire propul-
sion time, meaning no engines of following
stages have to be carried as dead weight.
Furthermore, gravitational losses during the
first part of ascent can be reduced as higher
acceleration levels are feasible. Attaching
a variable number of boosters allows build-
ing a launch vehicle family that is adaptable
to a large range of payload masses. How-
ever, parallel staging leads to higher struc-
tural loads and aerodynamic drag losses as
well as a less efficient propulsion system, be-
cause burn times are longer and the engines
cannot be optimized for the entire ascent [6].
In many currently used launch vehicles
serial and parallel staging are combined in
order to reap the benefits of both configu-
rations. Yet, in the context of reusability,
the usage of boosters is only beneficial if the
boosters themselves are reusable as well, a
configuration that is used by SpaceX’s Fal-
con Heavy rocket to deliver super-heavy payloads into orbit. As SpaceX’s Falcon 9
rocket is used as reference for the reusable launch vehicle optimization in this thesis,
the focus lies on a serial staging configuration with two stages. Accordingly, the
Tsiolkovsky equation can be written as:











where index 1 stands for first stage and index 2 for second (or upper) stage. m0,1 is
the total mass of the rocket before launch (GLOW),mf,1 its mass after the propellant
of the first stagemp,1 is expended, m0,2 the vehicle mass before ignition of the second
stage after the first stage structure mass ms,1 has been jettisoned and mf,2 the final
rocket mass after burnout of the upper stage. While the true payload mass mpl
is the payload in the calculation of m0,2, the whole upper stage mass m0,2 is the
payload of the first stage (see Fig. 2.16). In conclusion, the total delta-v budget ∆v
is split up and allocated to the two stages. In order to obtain the optimum delta-v
distribution, a stage optimization process is required.
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Figure 2.16: Serial staging configuration (mE = ms) [7]
2.3.2 Stage Optimization
Although staging needs to be optimized with regard to mission profile and payload,
the following general rules can be given for sensible staging application [3]:
• Upper stages should be smaller than lower stages.
• Upper stages should have a higher specific impulse Isp than lower stages.
• Stages with higher specific impulse Isp should contribute a larger ∆v than
other stages.
As the weight of a multistage rocket is a cost driver and highly dependent on the
delta-v allocation, the goal of the optimization is to find the launch vehicle configu-
ration with the lowest gross lift-off weight (GLOW) for a given payload and mission
delta-v budget. The different approaches for an expendable and a reusable stage
optimization are described below.
Expendable Launcher Optimization
In order to obtain the optimal delta-v and therefore propellant mass allocation to
the stages of an expendable multistage rocket, the Lagrange multiplier method is
required. If Isp,i and εi of each stage are given, the minimum mass of an n-stage
vehicle that is capable of a specified ∆v while carrying a predefined mpl, can be
calculated. For the solution, the numerical Newton-Raphson method is applied.
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As this technique is not used in this thesis, it is not further discussed at this point.
Detailed explanations for its application in rocket staging optimization can be found
in the literature [7, 6].
Reusable Launcher Optimization
A reusable first stage that lands downrange by means of retropropulsion cannot
expend all of its propellant during ascent. After MECO and stage separation, Fal-
con 9’s first stage uses its ACS thrusters to flip around, pointing its engines in
direction of the velocity vector. On its way back to earth, it follows a ballistic
trajectory until an altitude of approximately 70 km where three of the engines are
re-ignited for around 20 s [32]. This so-called reentry burn slows the stage down
before it enters the denser parts of the atmosphere, thus avoiding the need of heat
shields. In order to land the stage, the center engine performs the landing burn, this
time re-igniting for up to 32 s [32]. An optional third engine burn (boostback burn)
directly after stage separation enables the stage to return to the launch site instead
of landing downrange (see Fig. 2.17). As this consumes a lot of propellant, the
boostback burn is not considered for high-performance GTO missions and is hence
disregarded hereafter. The propellant amount that needs to be reserved for reentry
and landing burn depends on the delta-v allocated to the first stage. Therefore, the
optimization technique that has been briefly presented in the previous section is not
applicable and a different approach is necessary. As its impact on launch vehicle
performance is a subject of this thesis, values for the delta-v allocation are preset to
allow the comparison of different configurations. However, if the allocation choice
is included as a variable parameter in the optimization routine, the configuration
leading to best performance can be found by the genetic algorithm. The procedure
of propellant mass calculation for each stage, including the propellant needed for the
landing of the first stage, and the required formulas are presented below. Consisting
of three steps, the process expects values of payload mass, fairing mass, specific
impulses of the engines, preset initial values of the structural coefficients for both
stages and the total delta-v of the mission ∆v as well as its allocation to the first
stage (∆v1,ascent) and the upper stage (∆v2).
∆v = ∆v1,ascent + ∆v2 (2.18)
1. Upper Stage
For a given payload mass mpl, fairing mass mfairing, allocated delta-v ∆v2,
vacuum specific impulse Isp_vac,2 and initial structural coefficient ε2 of the
upper stage, its propellant mass mp,2 can be calculated as follows. Solving
Eq. 2.16 for the structure mass and introducing it into the mass ratio (Eq. 2.15)






mp,2 · ε21−ε2 +mp,2 +mpl
mp,2 · ε21−ε2 +mpl
=
mpl +mp,2 · 11−ε2
mpl +mp,2 · ε21−ε2
(2.19)
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Figure 2.17: Falcon 9 trajectory [8]
Due to practicality reasons in the optimization program, mpl includes the
masses of fairing, payload adapter and avionics next to the actual payload
mass (see Ch. 2.4), hence it can be regarded as the mass of the entire payload
bay. To simulate fairing separation, which for Falcon 9 takes place shortly
after stage separation (see Fig. 2.17), its mass is deducted from mpl for the
calculation of mp,2. Inserting the previously transformed mass ratio into the
Tsiolkovsky equation (Eq. 2.6), yields an expression that can be solved for the
required propellant mass of the upper stage:











As the structure mass of the upper stage ms,2 is still unknown, an initial value
for ε2 must be preset (see Ch. 3.3.1). Hence, the calculated value of mp,2
also represents an initial value. In the optimization routine, the masses of all
other subsystems of the upper stage are determined and subsequently a new
ε2 is derived. Afterwards, the old and new structural coefficients are compared
and the process is repeated in an iteration loop until convergence is achieved.
Consequently, the overall mass of the upper stage m0,2 before ignition of its
engine is the sum of its structure mass, its propellant mass and the payload
(bay) mass:
m0,2 = ms,2 +mp,2 +mpl (2.21)
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2. First Stage Landing
In order to obtain the total propellant mass of the first stage mp,1 as well
as its division into the propellant mass needed for ascent mp,1,ascent and the
propellant mass required to land the reusable first stage mp,1,landing, a value
for the structural coefficient of the first stage after stage separation ε1,landing
has to be calculated first (see Eq. 2.22). Because there exists no payload
on this stage anymore, this structural coefficient is equal to the inverse of
the mass ratio for the landing procedure, hence it can be determined via the
Tsiolkovsky equation (Eq. 2.6). Necessary input parameters are the sea level
specific impulse of the first stage engines Isp_sl,1 and the delta-v of the landing













Although the reentry burn is taking place in the upper atmosphere, the sea
level specific impulse is chosen for the whole maneuver so as to receive conserva-
tive values for mp,1,landing. As the delta-v for the landing procedure ∆v1,landing
is unknown and difficult to calculate due to the large influence of atmospheric
drag during engine-first descent, the reference vehicle, Falcon 9, was thor-
oughly analyzed. According to its technical data (see Ch. 4) and the duration
of reentry and landing burn as well as under the conservative assumption of a
constant 100% engine throttle, it can be deduced that around 25 t of propel-
lant are used up during these maneuvers. With its engine performance data
and structural mass, this equals to a ∆v1,landing of roughly 1900 m/s. To coun-
teract potential inaccuracies in the calculation and assumptions, ∆v1,landing
required for this delta-v allocation is set to 2000 m/s in the optimization pro-
gram. As the entire delta-v of the ascent of the first stage ∆v1,ascent has to
be compensated by the engines (∆v1,landing) and aerodynamic drag (∆vdrag)
during descent, ∆vdrag is presumed to be 1500 m/s for the Falcon 9 configura-
tion (∆v1,ascent = 3500 m/s, see Ch. 4). For delta-v configurations that differ
from the reference vehicle, ∆v1,landing is adapted accordingly, considering the
contribution of aerodynamic drag to be constant, though for small first stages
800 m/s is set as minimum for ∆v1,landing, which is equivalent to Falcon 9’s
landing burn. For launch vehicle configurations with ∆v1,ascent ≥ 3500 m/s
the calculation of ∆v1,landing is considered to be accurate as excess velocity is
compensated during reentry burn before denser parts of the atmosphere are en-
tered, however in other cases potential inaccuracies due to deviations in ∆vdrag
might occur. Although atmospheric drag depends on the cross-sectional area
of the first stage, for the sake of simplicity it was treated as being equal for all
stage radius configurations in the framework of this thesis.
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3. First Stage Ascent
For the given values of allocated delta-v ∆v1,ascent, mean specific impulse Isp,1
and initial structural coefficient ε1 of the first stage, as well as the already
calculated values of m0,2 and the structural coefficient after stage separa-
tion ε1,landing, the first stage’s total propellant mass mp,1, the propellant mass
needed for ascent mp,1,ascent and the propellant mass required for landing of
the first stage mp,1,landing can be calculated. Inserting ε1, ε1,landing and m0,2 as


















Introducing this expression together with ∆v1,ascent and Isp,1 into the Tsi-
olkovsky equation and subsequently solving it for ms,1, yields an initial value
for the first stage’s structure mass:











Consequently, the values of the propellant masses can be determined using the
known correlations:








mp,1,ascent = mp,1 −mp,1,landing (2.27)
Similar to the calculation of the upper stage mass, the final mass of the first
stage is determined in an iteration loop. In each iteration, the reusable first
stage is virtually built (see Ch. 3.3.2) and the actual structural coefficient as
well as an updated mean specific impulse using the trajectory simulation are
derived and compared to their previous values until convergence is achieved.
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2.4 Mass Estimations
Whereas the propellant mass calculation and distribution has been presented in the
last section, this chapter deals with mass calculations and estimations for all other
parts of the launch vehicle. Their accuracy has a significant impact on how realistic
the gross lift-off weight (GLOW) of the rocket can be predicted by the optimization
program. The respective iterative mass calculations of the propellant and the various
structural components represent the backbone of the evaluation of possible launch
vehicle configurations (see Ch. 3.3.2). Fig. 2.18 depicts the composition of a
launch vehicle in the optimizer. The rocket consists of its stages, in this case first
stage and upper stage, and the payload bay, which encompasses payload, payload
adapter, avionics and fairing. Having no impact on calculation outcome, the latter
are assigned to the payload bay instead of the upper stage structure so as to be able
to handle stage subsystem calculations similarly for all stages. Each stage consists of
its structure, including the propellant tanks, intertank/interstage, thrust frame and
the means to separate itself from the upper stage/payload as well as its engine(s),
thrust vector control system and propellants. As the optimization program is based
on an older version for expendable launch vehicles, some calculation methods were
adopted, some altered and others newly added, such as the landing hardware for
the reusable first stage. Subsequently, the updated and new mass estimations are
presented in more detail, whereas the inherited ones are briefly summarized. In
order to consider uncertainties in the mass estimations, margins were applied in the
mass model. The margins were set to 10% for the upper stage and 15% for the first
stage dry mass, comprising all stage structures, engines and TVC system. Similar
to [19], a higher margin was applied to the first stage to reflect larger uncertainties
with regard to the landing gear structures.




There exist various methods, differing in accuracy, to estimate the mass of a rocket
engine. A high precision engine mass calculation expects detailed input parame-
ters that are partially difficult to predict in advance, such as turbine torque of the
turbopumps [33, 34]. Therefore, it is feasible to implement a mass estimation us-
ing empirical engine data into the optimization program. As some methods only
consider vacuum thrust and potentially nozzle expansion area ratio as the basis of
the mass calculation [35, 36], a sufficient distinction between the propellants that
are compared in this thesis is not achieved. In contrast, Castellini developed de-
tailed engine mass estimation models using regression analyses for 51 real engines
with different engine cycles and propellant types [9]. Although combustion chamber
pressure and nozzle expansion area ratio are not regarded in the calculation, this
method is used to calculate engine masses in the optimization program, because
it indicates the influence of propellant choice on engine mass. In Fig. 2.19-2.20
and Table 2.6 the graphical representation of the regression analysis and the result-
ing formulas for gas generator engines using the propellant combinations LOX/LH2
(cryogenic-cryogenic) and LOX/RP-1 (cryogenic-storable) are presented. A thrust
range is given to limit the validity of the formulas. As there does not exist a history
of LOX/LCH4 engines, their mass must be calculated using either of the two mod-
els. Although oxygen and methane are both cryogenic propellants, it was decided
to use the cryogenic-storable mass calculation model, because methane’s density is
a lot closer to kerosene’s density than to the one of hydrogen (see Table 2.5). This
enables the use of a single shaft turbopump for both propellants, hence reducing
engine mass, whereas LOX/LH2 engines require two separate turbopumps [3].
Figure 2.19: Cryogenic-cryogenic gas
generator engine mass estimation [9]
Figure 2.20: Cryogenic-storable gas gen-






Mass Estimation with mengine [kg], Fvac [N ]
Cryogenic-





Storable [200; 2000] mengine=3.75407·10
3·(F vac)7.05627·10
−2−8.84790·103
Table 2.6: Rocket engine mass estimations [9]
Thrust Vector Control System
As the mass of the thrust vector control (TVC) system is typically not included
in mass figures listed by engine manufacturers, it needs to be calculated separately.
According to Castellini [9], a linear regression yields the TVC mass [kg] as a function
of vacuum thrust [N ]:






The propellant tanks are the largest structural components of the launch vehicle. It
is their purpose to contain the propellants and often also to form the outer structure
of the rocket. As only liquid bipropellant propulsion systems are considered in the
framework of this thesis, each stage comprises two propellant tanks. Depending on
propellant volume and stage radius, either spherical tanks (see Fig. 2.15 on the
left) or cylindrical tanks with spherical lids (see Fig. 2.15 on the right) in tandem
arrangement are utilized. In the optimization program, their mass is calculated
according to the formulas in Table 2.7.
First, the required tank volume Vtank is determined by the propellant mass mp
and its density %p. A factor of full = 1.05 is applied to regard 5% volume ullage in
the tanks to allow for thermal expansion of the gases [15]. Next, the tank surface
Stank is derived using the tank volume and the tank radius r, which is the same
as the stage radius. The wall thickness t of the tanks is calculated via Barlow’s
formula, which expects the tank pressure ptank, the tank radius and the maximum
allowable stress σ. A safety margin of sm = 1.5 is applied and the minimum wall
thickness is set to tmin = 2 mm. In addition to the mass of the tank wall, the total
tank mass mtank includes the mass of the stringer and ring frame reinforcement as
well as insulation. In the optimizer, the tank reinforcement is assumed to consist of
an H-profile for both stringers and ring frames with a total edge length of 0.2 m and
a profile thickness of 4 mm. This results in a profile area of Aprofile = 8 ·10−4 m2. A
distance of 1 m between ring frames and 0.5 m between stringers leads to a number
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of nprofile = 3 profiles per square meter, each with a length of 1 m. Although no
strength analysis has been done for this reinforcement calculation, the results reflect
tank masses realistically and the tendency of Barlow’s formula to prefer long and slim
cylindrical tanks over shorter and wider ones is counteracted by the weight penalty
per square meter. Furthermore, the thermal insulation that is required for tanks
containing cryogenic propellants is considered by the factor fins, which represents the
mass of the insulation per square meter. For hydrogen fins is equal to 2.88 kg/m2,
for oxygen and methane fins is equal to 1.123 kg/m2 and for kerosene fins is 0, as it
is not a cryogenic propellant [35]. Just as with Ariane 5 and Falcon 9 [24, 16], most
rocket propellant tanks are made of high-performance aluminium-lithium alloys to
minimize structure mass, however no detailed information is published about their
composition and properties. Therefore, alloy 2090-T83 [37] is chosen as material for
tanks and reinforcement structures in the optimizer, as it is suitable for aerospace
applications. It features a density of 2590 kg/m3 and a yield strength of 483 MPA,
which is set as maximum allowable stress in the wall thickness calculation.
Parameter Cylindrical Tank + Spherical Lids Spherical Tank
Tank Mass mtank = ρ · Stank ·
(
t+ Aprofile · 1m · nprofm2
)
+ fins · Stank
Wall Thickness t = sm · ptank·rσ t = sm ·
ptank·r
2σ
Tank Surface Stank = 2πrl + 4πr2 Stank = 4πr2
Cylindrical Length l = 1








· full = 43πr
3
Table 2.7: Propellant tank mass calculation formulas
Pressurization Gas + Tank
In order to maintain a constant pressure in the tanks while propellant is fed to the
engines, they must be pressurized with a gas, for example helium. According to [9],
the pressurization gas mass mgas can be estimated as follows:







where Rgas = 2077 J/(kg ·K), γgas = 1.667, pgas = 286 bar and Tgas = 293 K [12].
Via the ideal gas law and the relations in Table 2.7, the pressurization gas tank mass
can be calculated similarly to the propellant tank mass.
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Intertank Structure
The intertank structure represents the mechanical joint between two propellant
tanks as well as the structural extension at the end of each tank. It transfers
mechanical forces and forms the aerodynamic outer shell of the rocket. As it is of
cylindrical shape, its surface Sit can be calculated with the stage radius and its mass
estimation mit is given by [38]:
Sit = 8πr
2 (2.30)
mit = 4.95 · Sit1.15 (2.31)
Interstage Structure
Having a similar purpose as the intertank, the interstage structure connects the first
stage with the upper stage and the upper stage with the payload bay. If the radius
differs between stages, the interstage features a conical shape and its surface Sis is
calculated as follows [38]:
Sis = π(rupper + rlower) ·
√
(lengine + 0.4 · rupper)2 + (rupper − rlower)2 (2.32)
where rupper and rlower are respectively the radii of the upper and lower stage and
lengine is the length of the upper stage engine. The interstage structure mass is then
calculated the same way as mit.
Thrust Frame
The thrust frame is the mechanical structure that connects the engines to the stage
and transfers the generated thrust force to the launch vehicle. Its mass mtf is
determined with the maximum thrust Fmax [N ] generated by the engines [38].
mtf = 2.04 · 10−5 · Fmax1.15 (2.33)
Separation
Explosive charges are often used in order to sever two stages at stage separation.
They are situated in the interstage structure and their mass msep can be estimated
subject to the upper stage mass mupper [38].
msep = 8.7 · 10−4 ·mupper (2.34)
Landing Hardware
In contrast to an expendable rocket, a launch vehicle with reusable first stage requires
additional equipment in order to be able to execute the landing successfully, from
which the landing legs are the most prominent. Using the example of Falcon 9,
the landing legs are made of carbon fiber with aluminium honeycomb to ensure
structural stability at minimum weight [39]. According to SpaceX, the four landing
39
legs together weigh less than 2100 kg whilst having a span of around 18m in deployed
state [40]. Furthermore, at its upper end the first stage is equipped with four foldable
titanium grid fins with a size of roughly 1.2 · 1.5 m, which manipulate the stage’s
lift and thus enable steering in super- and subsonic flight inside the atmosphere [41].
At last, a set of cold-gas thrusters gives extra steering control authority besides
the gimballed main engines and is used to flip the first stage around after stage
separation (see Fig. 2.17) [42]. For Falcon 9, the additional landing hardware is
estimated to increase the structure mass by approximately 11% in comparison with
an expendable version [43]. Nevertheless, to counteract potential inaccuracies a
conservative factor of freusable = 1.15 was applied to the total first stage structure
mass in the optimization program to account for 15% additional landing gear mass
of the reusable first stage. Grid fins and landing legs of a landing Falcon 9 first stage
are depicted in Appendix A.
ms,1,reusable = freusable ·ms,1,expendable (2.35)
2.4.3 Payload Bay Subsystems
Payload Adapter
The payload adapter represents the interface between the launch vehicle’s uppermost
stage and the payload. Its mass mpla can be estimated utilizing the payload mass
mpl [9]:
mpla = 0.0477536 ·mpl1.01317 (2.36)
Avionics
According to Castellini [9], the mass of the avionics subsystem mavi, comprising the
electronic devices for communication, guidance, navigation and control as well as
the power supply, can be assessed as follows:
mavi = melectronic +mpower (2.37)
with the mass of the electronic devices melectronic:
melectronic = KRL · (246.76 + 1.3183 · Srocket) · (1 − TRFelectronic) (2.38)
and the power supply mass mpower:
mpower = KRL · 0.405 ·melectronic · (1 − TRFpower) (2.39)
where KRL = 0.7 is a redundancy factor, Srocket the total surface of the rocket,
TRFelectronic = 0.75 and TRFpower = 0.18 technology reduction factors.
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Fairing
The fairing protects the payload from aerodynamic and thermal loads during ascent
as well as the environmental conditions on the launch pad. It is shaped so as to
maximize aerodynamic performance of the launch vehicle whilst safely containing the
payload. The fairing is jettisoned shortly after stage separation in order to increase
launch vehicle performance and maximize payload capacity. In the optimizer, its
surface Sfairing is calculated based on the geometric characteristics of Vega’s fairing
and its mass mfairing is subsequently determined using Eq. 2.31 [38]. An extensive
derivation of Sfairing is not conducted at this point but can be found in the literature.
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2.5 Genetic Algorithms
In the previous chapters, the tools to determine the performance characteristics
of a given launch vehicle configuration were examined. Subsequently, this chapter
deals with the applied method of finding the optimum launch vehicle configuration.
Genetic algorithms (GAs), being a class of evolutionary algorithms, are numerical
optimization algorithms that are inspired by natural selection and natural genet-
ics [10]. Biological evolution, first formulated by Charles Darwin, builds the basis
of this optimization method, which mimics the adaptive change of species by means
of natural selection, reproduction and the occurrence of mutations in light of the
current environment [44]. One quality of genetic algorithms is that they are a robust
method for estimating a series of unknown parameters within a model of a physical
system and that they can be applied to many different practical optimization prob-
lems. Typically, they consist of the following components, which are described in
more detail in the next section [10]:
• A population, representing a number of guesses of the solution to the problem
• A method for evaluating the quality of the individual solutions within the
population
• A way of mixing fragments of better solutions to develop new, potentially
better solutions
• A mutation operator to avoid loss of diversity and thus local extrema within
the solutions
The entire area of solutions to the problem at hand, consisting of all possible
parameter combinations, is called the search space from which the goal is to find the
optimum solution representing the optimum parameter combination. With a grow-
ing number of parameters and values they can take on, this search space becomes
very complex. Fig. 2.21 shows an exemplary search space for a problem with only
two variables, as visualization becomes difficult for higher dimensional optimization
problems. Each point represents a potential solution, with the extrema indicating
better (or worse) solutions. Because optimization can be a maximization or mini-
mization problem either the global maximum or global minimum represent the best
solution. Looking at the complex topography featuring many local extrema (see
Fig. 2.21), the advantage of GAs in comparison with traditional algorithms becomes
apparent. As some search algorithms that sequentially adjust one single solution can
get trapped in local optima and thus their solution depends on the starting point
of the search, highly complex optimization problems resulting in highly complex
search spaces require a different approach. Here, random searches combined with
the manipulation of a whole population of solutions via emulating natural selection
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and natural genetics, genetic algorithms, have proven to be among the most success-
ful [10]. An explanation of the general procedure of a GA is given in the following
section.
Figure 2.21: Exemplary search space [10]
2.5.1 Procedure
In the first step of the genetic algorithm, an initial population of possible solutions,
each representing one individual, is generated and subsequently evaluated. The goal
of the evaluation is to assign a fitness value to each individual, which is required to
distinguish between good and bad solutions. Starting the generational cycle, a num-
ber of individuals are then selected to be the parents of the next generation, whereby
individuals with a higher fitness value have a higher chance to be selected. In the
following variation offspring is created by stochastically altering parents’ attributes
(crossover) and subjecting them to random changes (mutation). Afterwards, the
offspring is evaluated and replaces the old population. This cycle is repeated until
the termination condition is fulfilled. Fig. 2.22 schematically shows the fundamen-
tal procedure of the genetic algorithm as well as a corresponding pseudocode. The
final population contains individuals with better fitness values than the ones in the
initial population, hence the solutions to the problem are improved. The individual
with the best fitness value represents the optimized solution. As the performance
of the GA is strongly influenced by the choice of methods for selection, crossover
and mutation as well as other parameters, such as population size and number of
generations, the optimized solution might be the global or only a local optimum.
Next, each step of the previously depicted process is described in more detail in the
context of its application in this thesis.
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Figure 2.22: Pseudocode and evolutionary cycle
2.5.2 Population Initialization
In order to initialize the population, the way of representation of an individual
solution in the computation space needs to be decided first, as it builds the basis for
the genetic operators that simulate biological evolution. In genetics one distinguishes
between the genotype, being the entirety of the genes of an organism, and the
phenotype, which is the aggregate of all its characteristics. Regarding the GA, the
genotype can be considered as a chromosome that comprises all genes, with the
genes being the variables that identify the individual. In the context of this thesis,
the genes consist of all parameters of a launch vehicle that are necessary to apply
the tools presented in the previous chapters (see Ch. 3). After implementation of
this framework in the algorithm, a preset number of individuals with all their genes
are created randomly across the entire search space. Together, these individuals
represent the initial population.
2.5.3 Evaluation
For the next step, the initial population (and later the offspring) are evaluated and
each individual is assigned a fitness value based on a predefined fitness function. The
fitness value is the key measure in the process of the genetic algorithm because it
enables the distinction between better and worse solutions according to the objective
of the optimization. As the fitness value is usually derived from the characteristics
of an individual, the genotype of each individual needs to be transformed to the
phenotype. Depending on the optimization problem, this transformation and the
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determination of the fitness value are the most complicated and computation time
consuming part of the algorithm, hence they have a significant influence on the
performance of the GA. Regarding this thesis, during the evaluation the already
explained methods are used to derive a launch vehicle with all its characteristics from
the parameters that represent its genes. After that, the rocket’s gross lift-off weight
(GLOW) is determined and assigned as the fitness value. As the objective is to
optimize launch vehicle configurations with respect to their weight, the optimization
at hand is a minimization problem. To compare different optimization objectives
with respect to their outcome, other fitness values were implemented and tested in
the course of this work (see Ch. 6.4).
2.5.4 Selection
In a manner similar to that of natural selection, selection in the GA applies pressure
upon the population [10]. Hence, the survival-of-the-fittest mechanism is imposed on
the candidate solutions [45]. The method of selecting parents for the next generation
influences the behaviour of the algorithm. Exploration of the search space and
exploitation of already discovered good solutions need to be carefully balanced to
avoid a completely random search of solutions on the one hand and a loss of diversity
and thus the possibility of entrapment in a local optimum on the other hand. The
method applied in the optimization program is the tournament selection, where a
preset number (turnsize) of individuals are randomly selected from the population
and of which the individual with the best fitness value is chosen to be a parent (see
Fig. 2.23).
Figure 2.23: Tournament selection schematic [11]
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This process is repeated as often as there are individuals in the population so
as to form an offspring population of the same size that is subsequently altered
by crossover and mutation. With tournament selection, individuals with a better
fitness value are favored to further exist and pass on information to the offspring,
however individuals with worse fitness values are not completely removed from the
gene pool to ensure diversity in the solutions. The turnsize is the parameter that
affects the selection ratio of better to worse solutions. A greater turnsize leads to
higher exploitation, whereas a smaller turnsize leads to a greater exploration.
2.5.5 Variation
The variation of the population is achieved by crossover and mutation of the pre-
viously selected parents. Four probability values that characterize the process and
influence the algorithm performance need to be predefined. Their impact on the
algorithm’s functionality is examined in Ch. 5.
Crossover
Being the part of the GA that simulates procreation in the real world, crossover
combines two parental solutions to create two new and potentially better solutions.
In the optimization program uniform crossover was chosen as crossover method. A
predefined probability decides if two parental solutions are to form offspring and if
so, another probability value is used to decide for each separate gene if it is swapped
with the corresponding gene of the other parent (see Fig. 2.24). In the end, two
new individuals, differing from the parents but combining their traits in a novel way,
emerge as offspring [45].
Figure 2.24: Uniform crossover schematic [12]
Mutation
After crossover is executed, mutation is performed on single individuals. In the
GA, mutation is expressed by randomly changing genes, in this case the values of
rocket parameters (see Fig. 2.25). Again, two probability values need to be preset,
one being used to determine if an individual will be subjected to mutation at all
and the other being the probability with which each gene of the chosen individuals
is randomly altered. This genetic operator represents a heuristic approach and,
correctly implemented, convergence on local extrema can be avoided. Probability
of mutation should always be lower than probability for crossover in order to keep
the randomness of the search at an acceptable level. Simply put, mutation is used
to perform a walk in the vicinity of an individual solution [45].
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Figure 2.25: Mutation schematic [12]
2.5.6 Termination
The new offspring population, consisting of individuals altered by crossover and
mutation as well as unaltered parents, is evaluated and replaces the old population.
The generational counter is increased by one and the process starts over. This
cycle continues as long as the termination condition, which could be some form of
convergence criterion or a maximum number of generations, is not fulfilled [10]. The
latter is used as termination condition in the optimization program developed in the





While the previous chapter concerned itself with the necessary theoretical knowl-
edge, this chapter sheds light upon implementation of the aforementioned into the
optimization program. Its general setup, the structure of the optimizer, as well as
the workflow with the required input parameters and settings are explained in this
section. A special focus is laid on the evaluation process of the genetic algorithm.
3.1 Software
Because the optimization program is based on a former version covering expendable
launch vehicles, the current version has been developed using the same program-
ming language, Python, however a migration from Python 2.7 to Python 3.7 with
all related changes in the existing code architecture was necessary. As already men-
tioned in Ch. 2.4, parts of the original structure and code being valid for both
expendable and reusable launch vehicles were adopted. Python being a program-
ming language that facilitates object-oriented programming, the class structure of
the original version made the expansion and advancement of the optimizer feasible.
Fig. 2.18 shows the breakdown of a rocket how it is represented in the optimizer
and the hierarchy of its subsystems, which are each implemented as an own object
class. This enables further work on extension of the software in the future. In or-
der to implement the genetic algorithm in the optimization routine, the Distributed
Evolutionary Algorithms in Python (DEAP) computation framework was applied.
Its explicit algorithms and transparent data structure allow for easy customization
and adaption to the problem at hand [46].
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3.2 Genetic Algorithm Setup
As explained in section 2.5, the parameters of the launch vehicle represent the genes
of an individual solution that are subsequently used to determine its characteristics
and eventually its fitness value. The following rocket parameters were implemented
into the framework of the GA:
- Number of stages
- List of delta-v allocation
- List of stage radii
- List of engine cycles
- List of propellants
- List of mixture ratios
- List of combustion chamber pressures
- List of nozzle throat diameters
- List of nozzle area expansion ratios
Apart from the number of stages, all other parameters are lists containing the
parameter values for each stage. Because the optimization program is designed for
many different use cases, some of the parameters do not apply to the work in this
thesis and hence were simplified or preset. Next to the parameters concerning solid
rocket boosters which are not regarded and therefore not listed above, the number
of stages was preset to two and possible engine cycles were limited to the gas gen-
erator cycle for all calculations carried out in the course of this thesis. Depending
on whether launch vehicle performance was compared for different propellants and
delta-v allocations, these parameters were preset or left open for the optimizer. In
case of a two-stage rocket, the delta-v allocation is defined by the mission require-
ments and one fixed value for either first or upper stage. As all other parameters
represent numerical values, sensible boundary values were implemented for popula-
tion initialization and mutation in order to improve the performance of the optimizer
(see Appendix C).
The algorithm eaSimple of DEAP is used as the framework for the GA developed
in this thesis. Whereas the built-in tournament function is applied as the selection
method, the generation of individuals, population initialization, crossover and mu-
tation methods were built and implemented according to Ch. 2.5, 3.2 and 3.3.2.
In order to maximize the optimizer performance, an additional evaluation step was
incorporated into the population initialization to ensure that the first population
consists exclusively of individuals that satisfy all requirements. This results in a
high-quality data basis for the subsequent algorithm.
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3.3 Workflow
The following sections give an overview of the input parameters that need to be de-
fined by the user before running the optimization routine. Furthermore, the workflow
of the evaluation part of the algorithm is explained in more detail.
3.3.1 Input Parameters
The input parameters include mission requirements, launch vehicle configuration,
settings for the genetic algorithm as well as initial values and constraints for the
optimizer.
Mission
Being the problem for which the optimizer searches the optimum solution, the mis-
sion needs to be defined first. It comprises the payload mass and its measurements
as well as the required delta-v. The delta-v budget can either be set directly or it
is calculated via a specified target orbit (perigee, apogee and inclination) as well
as the launch site characteristics (latitude and altitude). If desired, the estimated
delta-v losses can be adapted.
Launch vehicle configuration
As already stated, the optimization program was developed for diverse use cases.
Therefore, some settings regarding the launch vehicle configuration must be cho-
sen in advance. These consist of reusability of the first stage, utilization of solid
rocket boosters, attachment of two additional first stages as liquid propellant boost-
ers (Common Core configuration) and the usage of the same combustion chamber
in all stages. The latter is applied in SpaceX’s Falcon 9 rocket, which is why this
configuration is used for the calculations in this thesis unless otherwise specified.
This setting entails that propellant, mixture ratio, combustion chamber pressure
and nozzle throat diameter are the same for all stages. According to the subject of
this thesis, only launch vehicle configurations with a reusable first stage were consid-
ered, booster configurations were disregarded. Using the same engine (with different
nozzles) on both stages entails several advantages. Development costs are reduced
(one instead of two engine types), production costs decrease with higher production
numbers (multiple first stage engines required), involuntary engine shutdown during
ascent may not lead to mission loss (engine-out capability) and a higher number
of engines on a reusable first stage result in better controllability during landing (a
single Falcon 9 first stage engine is still too powerful to hover the empty rocket).
On the other hand, the necessity of a larger quantity of engines implies in general
an increased number of parts as long as complexity cannot be reduced, as well as
an increased GLOW in comparison with rockets having fewer engines [47].
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Genetic Algorithm
Parameters regarding the GA are called hyperparameters and consist of the popula-
tion size, the number of generations until termination, the turnsize of the selection
process and the four probability values for crossover and mutation (see Ch. 2.5.5):
mating probability, mutation probability, probability that two corresponding genes
are crossed and the probability that one gene mutates. Hyperparameters need to be
chosen carefully as they strongly impact the behaviour of the algorithm and thus the
performance of the optimizer. Therefore, a hyperparameter tuning was conducted
to determine the settings for all following calculations (see Ch. 5).
Initial Values and Constraints
The first iteration of the propellant mass calculation during evaluation of the individ-
uals expects initial values for the structural coefficient of each stage (see Ch. 2.3.2).
Here, ε1 = 0.06 and ε2 = 0.05 were chosen for the first and upper stage, respec-
tively. Furthermore, several constraints were implemented in the optimization pro-
gram with respect to launch vehicle configuration and performance. To name but a
few, the number of engines was limited to 15 in the first stage and one in the upper
stage, minimum acceleration at engine ignition was set to 1.3 g for the first stage
and 0.95 g in the upper stage unless specified otherwise and the maximum length
to diameter ratio of the rocket was restricted to 20 (see Appendix C). In general,
launch vehicles throttle down during certain phases of the ascent, for example to
minimize the aerodynamic pressure or to limit acceleration towards the end of each
stage engine burn. As this is difficult to model in the first stage trajectory sim-
ulation and because the upper stage is not included in the simulation, this is not
reflected in the optimization program. Nevertheless, a throttle range of 60-100%
similar to Falcon 9 [16] is assumed to reflect these procedures sufficiently. In order
to improve algorithm capacity, a time constraint was incorporated into the popula-
tion initialization to terminate the algorithm if not a single individual that satisfies
all requirements is found in one day or to continue the optimization routine with
a smaller population size if not as many individuals satisfying all requirements as
preset by the population size are found in the given time window of two days.
3.3.2 Evaluation Procedure
The evaluation procedure transforms the genotype of an individual into its pheno-
type. The rocket parameters representing the genes are used to virtually build the
launch vehicle, which gives information about its characteristics. The goal of the
evaluation is the assignment of the fitness value. Within the scope of this thesis,
the rocket’s gross lift-off weight (GLOW) was chosen as the fitness value, however
other fitness values were also examined later on (see Ch. 6.4). In the case that an
individual does not satisfy all requirements or constraints, it is assigned the enor-
mously high fitness value of 1019 to indicate its inadequacy. The following sections
depict the evaluation procedure in more detail.
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Build Engines
In accordance with Ch. 2.2.4 and Eq. 2.2, the propellants, mixture ratios, combus-
tion chamber pressures, nozzle throat diameters and nozzle area expansion ratios
are used to derive the engine characteristics, such as thrust, specific impulse, mass
flow and nozzle diameter for all stages, which are subsequently adapted for gas gen-
erator engines. Furthermore, the engines’ sizes and masses are estimated. At first,
a predefined minimum number of engines is added to each stage.
Build Payload Bay
Then, the payload bay mass and measurements are determined. At this point it
consists of the payload, the payload adapter and the fairing. As the avionics mass
is subject to the not yet known rocket size, it is added later in the iteration loop.
Build Upper Stage
In the next step, the upper stage is virtually assembled. With its allocated delta-v,
initial structural coefficient, engine vacuum specific impulse and the payload bay
mass, the required propellant mass of the upper stage is calculated (see Ch. 2.3.2).
To simulate fairing separation, its mass is deducted from the payload bay mass.
After that, the masses and measurements of all other subsystems of the upper stage
are determined (see Ch. 2.4). Now, the actual structural coefficient can be derived
and it is used as input for the propellant mass calculation in the first iteration
step. The whole process is repeated in an iteration loop until the difference between
structural coefficients of two consecutive iterations amounts to less than 0.0001. If
convergence is not achieved after 50 iterations, this individual is deemed inadequate
and it is assigned the fitness value 1019.
Build Launch Vehicle
After convergence of the upper stage iteration loop, the process is extended to the
entire launch vehicle. First, the upper stage characteristics are calculated in the
same way as before, only this time with the already converged structural coefficient
as initial value. Then, the upper stage mass, the initial structural coefficient of the
first stage, its engine vacuum Isp as well as sea-level Isp, the delta-v allocated to
the first stage and its correlation with the delta-v necessary for the retropropulsive
landing, are used to calculate the total propellant mass of the first stage and the
amount reserved for the landing (see Ch. 2.3.2). Again, all other subsystem masses
and measurements are estimated in accordance with Ch. 2.4. The iteration loop over
the entire launch vehicle uses the structural coefficients of both stages with the same
accuracy as before as well as the mean Isp determined by the trajectory simulation
(see Ch. 2.2.4) with an accuracy of 0.1 s as convergence indicators. Similarly, if
convergence is not achieved after 50 iterations, the individual is assigned the fitness
value 1019. As the avionics mass is part of the payload bay and its estimation is
subject to the size of the entire rocket, it is necessary to include the upper stage in
this second iteration loop.
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Acceleration Check
Only now after completion of the second iteration loop, all launch vehicle character-
istics are obtained and the rocket’s ability to take off and fly can be assessed. At this
point, the acceleration at engine ignition is calculated for all stages and compared
to the predefined minimum acceleration values. If they are not achieved and the
preset maximum number of engines is not yet reached, the number of engines of
the corresponding stage is increased by one and the previously described processes
are repeated. In case the number of engines cannot be further increased and the
acceleration requirements are still not met, the individual is assigned the fitness
value 1019.
Constraints Check
After checking some geometrical constraints regarding the engine and stage diam-





In order to validate the model of the TSTO launch vehicle with reusable first stage
that was developed in the course of this thesis, the Falcon 9 FT Block 5 rocket
was used as reference vehicle, as it is currently the only operational launch vehicle
with this configuration. Falcon 9 is developed, manufactured and operated by the
Space Exploration Technologies Corporation (SpaceX) and is considered a medium-
lift launch vehicle. Its first stage is powered by nine Merlin engines and the upper
stage by one Merlin engine featuring a larger nozzle with greater expansion ratio.
The engines burn a LOX/RP-1 propellant mixture and apply the gas generator cycle
as feed system.
As SpaceX is a private company, not much official information is available and
technical data is published very scarcely. Furthermore, the rapid evolution of the
Falcon 9 rocket resulted in many modifications and thus various versions of the
vehicle, making a distinction difficult. Therefore, the data used hereafter is based
on unofficial estimations and cannot be expected to be 100% precise, however the
values are assumed to depict Falcon 9 sufficiently accurate. Because SpaceX does
not quantify its payload capacity for reusable Falcon 9 configurations [16] and it is
not known if published values of its GLOW include the payload, payload adapter
and fairing mass, a different approach than comparing the raw data was chosen.
Using available Falcon 9 parameters as input, the optimization program was
executed for a 5000 kg payload GTO mission and a 15600 kg payload LEO mission,
which are numbers that already have been demonstrated by Falcon 9 in reusable
configuration. Assuming that they are not included in published data and the exact
figures being unknown, the payload bay object masses calculated by the optimizer
were added to the real Falcon 9 data and the resulting launch vehicle performance
values were compared to the ones of the individuals which were output by the
optimizer. This way, not only absolute values but also performance characteristics
could be compared under equal assumptions.
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The chosen mission input parameters, fixed rocket parameter values, boundaries
for unknown parameter values and constraints for the launch vehicle configuration
are summarized in Table 4.1. Rocket parameters and constraints were set to achieve
results similar to Falcon 9. The delta-v allocation was estimated for a Falcon 9 GTO
mission and the first stage delta-v was kept constant for the LEO mission, with the
upper stage delta-v being adapted. The payload measurements were set according
to the maximum payload size with constant diameter that Falcon 9’s fairing is able
to accommodate [16]. The missions’ delta-v budgets were calculated in Ch. 2.1.4.
The applied hyperparameters are outlined in Ch. 5.
GTO LEO
Mission
Delta-v [m/s] 12000 9500
Payload Mass [kg] 5000 15600
Payload Height [m] 6.7
Payload Diamter [m] 4.6
Fixed Parameters
Number of Stages 2
Delta-v Allocation (First/Upper) [m/s] 3500/8500 3500/6000
Stage Radii (First/Upper) [m] 1.8/1.8
Propellant LOX/RP-1
Engine Cycle Gas Generator
Comb. Chamber Pressure (First/Upper) [bar] 97/97
Nozzle Area Expansion Ratio (First/Upper) [-] 16/165
Parameter Boundaries
Mixture Ratio [-] 1.5-3.5
Nozzle Throat Diameter [m] 0.2-0.3
Constraints
Minimum Acceleration (First/Upper) [g] 1.3/0.8
Maximum L/D Ratio [-] 25
Minimum Number of Engines (First/Upper) 9/1
Maximum Number of Engines (First/Upper) 9/1
Table 4.1: Falcon 9 configuration [16, 17, 18]
For both mission configurations, the results of the optimizer are compared to Fal-
con 9 data in Table 4.2. At the top, the payload bay data with the masses that were
calculated by the optimizer and which were also used for performance calculation
of Falcon 9 can be found. Subsequently, an overview of mass and geometry charac-
teristics of upper and first stage is given, followed by a comparison of the real and
56
calculated propulsion system data for both stages. At the end, the launch vehicles’
gross lift-off weights (GLOW) and overall lengths are listed and the performance
capabilities of each launch vehicle configuration is presented. For the exemplary
performance calculation, the fairing was assumed to be jettisoned simultaneously
with stage separation, the first stage mean Isp was increased by 2% in accordance
with Ch. 2.2.4 and 25 t of propellants were estimated for Falcon 9’s reentry and
landing burn.
Mass comparison
Overall, the launch vehicles which were calculated by the optimizer show a very
good correlation with Falcon 9. With respect to the GLOW, a deviation of 3.6 and
0.6% was achieved for the GTO and LEO mission, respectively. Comparing the
structure mass, it can be observed that the upper stage structure mass of the opti-
mized individuals is up to 9.3% higher than Falcon 9’s upper stage structure mass,
while the first stage structure mass shows a maximum deviation of merely 0.8%. All
stages of the optimized launch vehicles except the upper stage of the LEO mission
comprise greater propellant masses than their counterpart of Falcon 9. Deviations of
4.2 and 3.0% are achieved for the first stage propellant mass and 1.9% for the upper
stage propellant mass of the GTO mission. The difference of -9.1% between the
upper stage propellant mass of the optimizer’s LEO mission and Falcon 9’s upper
stage propellant mass is addressed in the performance comparison in more detail.
The resulting structural coefficients show that the upper stage structure mass is cal-
culated rather conservatively in the optimization program, whereas the calculated
first stages feature a slightly better structural coefficient than Falcon 9. The latter
is mostly due to additional propellant mass, as the tank mass increases only slightly
with increasing propellant mass. Regarding the propellant mass necessary for land-
ing the reusable first stage, the 5.6 to 6.4% increase in comparison to the estimated
landing propellant mass of Falcon 9 on the one hand and only 0.4 to 0.8% greater
first stage structure mass on the other hand represent the conservative assumptions
made in Ch. 2.3.2.
Size comparison
Although the fairing is shorter, both calculated launch vehicles are longer than Fal-
con 9 whilst having a similar diameter. This is mainly caused by a greater propellant
mass and therefore longer tanks as well as the tank configuration. As described in
Ch. 2.4, in the optimization program the fuel and oxidizer tanks are considered
to be separate, each with spherical lids at the top and bottom. However, Falcon 9
features a common bulkhead tank configuration with ellipsoidal tank ends, which
reduces stage length. Furthermore, the method how engine nozzles are designed
makes engine length estimations difficult. In the optimizer the engine nozzle length
calculation is based on a conical nozzle length, which can be another reason for in-
accurate length estimations. Although the interstage is attributed to the first stage
in the optimization program, here its length is added to the upper stage as it houses
the upper stage engine.
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Falcon 9 Optimizer















Payload Mass [kg] 5000 15600 5000 15600
Adapter + Avionics Mass [kg] 592 1166 592 1166
Fairing Mass [kg] 1766 1766 1766







ge Structure Mass [kg] 4500 4917 4715
Propellant Mass [kg] 111500 113664 101731
Structural Coefficient [-] 0.039 0.041 0.044
Length [m] 16.0 20.5 19.3







Structure Mass [kg] 27200 27429 27302
Propellant Mass Total [kg] 418700 436550 431453
Propellant Mass Landing [kg] 25000 26605 26389
Structural Coefficient [-] 0.061 0.059 0.060
Length [m] 40.9 48.3 47.9


















ge Number of Engines 1 1 1
Fvac [kN] 981 1074 1066
Isp_vac [s] 348 351 350







Number of Engines 9 9 9
Fvac [kN] 8227 8536 8519
Fsl [kN] 7607 7770 7753
Isp_vac [s] 312 310 311
Isp_sl [s] 283 282 283
tb [s] 162 156 154
T
ot
al GLOW [kg] 569258 580432 589918 583733




-v Delta-v Upper Stage [m/s] 8497 6252 8503 5998
Delta-v First Stage [m/s] 3502 3376 3516 3518
Total Delta-v [m/s] 11999 9628 12019 9516




The calculated engines display higher thrust levels than Falcon 9’s Merlin 1D en-
gines. Whereas in the upper stage the vacuum thrust is up to 9.4% higher, the nine
engines in the first stage produce 3.7% more thrust in vacuum and only 2.1% higher
thrust at sea level. Nevertheless, a direct comparison regarding thrust cannot be
made as no information about Merlin’s nozzle throat diameter is available. With
respect to specific impulse, a maximum deviation of 0.8% shows a very good confor-
mity between calculated and real engine data. Although not presented in Table 4.2,
it has to be noted that for the GTO mission, the optimizer chose an ROF of 2.9
whereas for the LEO mission an ROF of 2.8 was the optimum choice. This is because
for the mixture ratio of 2.9 the upper stage Isp is 1 s higher and the first stage Isp
is 1 s lower. Albeit very small, this difference leads to the different optimum ROF
choices, as for the GTO mission the upper stage must deliver a higher delta-v and
hence has a greater impact on launch vehicle configuration. Comparing the burn
duration tb, the first and upper stages of the calculated launch vehicles have shorter
engine burn times than Falcon 9. This is mostly caused by higher thrust levels and
thus higher mass flow as well as Falcon 9’s engines being throttled during parts of the
flight, which is not represented in the optimization program. A propulsion system
weight comparison is not performed at this point because official numbers published
by SpaceX differ greatly in comparison with historical and current engine mass data,
giving rise to the question which engine parts are included in the calculation.
Performance comparison
Regarding launch vehicle performance, a very good conformity between the GTO
configurations of the calculated launch vehicle and Falcon 9 is achieved. The differ-
ence in delta-v ranges between 0.4% and 0.07% for the first and upper stage, respec-
tively. This does not surprise, as the delta-v allocation was determined according to
Falcon 9’s GTO configuration. Because for some reusable GTO missions Falcon 9
is estimated to have transported slightly heavier payloads than 5000 kg [18], it can
be presumed that Falcon 9’s upper stage structure mass already includes the pay-
load adapter and avionics masses or that a GTO can be achieved with a marginally
lower delta-v budget than 12 km/s. However, for the course of this thesis this value
is kept for the sake of conservative assumptions. In Ch. 6.3.1 the influence of the
total delta-v budget on launch vehicle performance is examined. Although for the
LEO mission the GLOWs of the calculated launch vehicle and Falcon 9 are very
similar, the same delta-v values were not obtained by applying the same first stage
delta-v allocation as for the GTO mission. The lower upper stage and total delta-v
as well as the lower upper stage propellant mass of the calculated launch vehicle
indicate that Falcon 9 could be capable of transporting even heavier payloads into
a low earth orbit. Aiming to achieve better conformity between calculated launch
vehicle and Falcon 9 for the LEO mission, the calculation of the LEO mission was
repeated with the total delta-v and its allocation derived from Falcon 9 in Table 4.2.
Furthermore, the payload bay of the LEO mission was added to the before calcu-
lated GTO launch vehicle in order to test if it is capable of delivering sufficient
delta-v and thus completing the considered LEO mission. For both, an overview
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of the resulting mass and performance values is given in Table 4.3. To be able to
directly compare the results with Falcon 9, its values of the LEO configuration are
also listed. The obtained results show that the new calculated launch vehicle fits
Falcon 9’s LEO configuration perfectly and that the calculated GTO launch vehicle
is also capable of successfully completing the investigated LEO mission. All in all,
the optimization program delivers very accurate results and the optimized launch
vehicles show realistic characteristics.
Falcon 9 Optimizer
LEO GTO (LEO payload) LEO new
Mass
Payload Bay
Payload Mass [kg] 15600 15600 15600
Adapter + Avionics Mass [kg] 1166 1166 1166
Fairing Mass [kg] 1766 1766 1766
Upper Stage
Structure Mass [kg] 4500 4917 4893
Propellant Mass [kg] 111500 113664 111959
First Stage
Structure Mass [kg] 27200 27429 27147
Propellant Mass Total [kg] 418700 436550 423481
Propellant Mass Landing [kg] 25000 26605 24134
Total
GLOW [kg] 580432 601092 586012
Performance
Delta-v Upper Stage [m/s] 6252 6306 6248
Delta-v First Stage [m/s] 3376 3393 3399
Total Delta-v [m/s] 9628 9699 9647
Table 4.3: Updated comparison of Falcon 9 LEO configuration with the results of




As described in Ch. 3.3.1, the parameters that control the settings of the genetic
algorithm are called hyperparameters and comprise the population size, number of
generations, turnsize, mating probability, mutation probability, crossover probabil-
ity of two corresponding genes and the probability that one gene mutates. Whereas
the influence of the first three on representation of the search space, diversity of the
solutions and quality of the results is easily conceivable (see Ch. 2.5), the interaction
of the parameters regarding variation of the population as well as their impact on
the algorithm are not as clear. Therefore, a hyperparameter tuning was conducted
to obtain the optimum set of parameters for the following calculations. Four dif-
ferent combination sets of the four variation probabilities were chosen in order to
examine their influence on the performance of the optimizer. Each combination and
corresponding case denomination are presented in Table 5.1.
Probability of Gene Crossover = 0.3Gene Mutation = 0.1
Gene Crossover = 0.7
Gene Mutation = 0.5
Mating = 0.3
Mutation = 0.1 Case 1 Case 3
Mating = 0.7
Mutation = 0.5 Case 2 Case 4
Table 5.1: Overview of the tested hyperparameter combinations
For each case, the optimization program was executed with the four population
sizes 100, 1000, 5000 and 10000. The number of generations was set to 50 and a
turnsize of 3 was chosen. For each calculation, the minimum GLOW of each gener-
ation is plotted over the duration of the algorithm in Fig. 5.1, with the beginning
of the graphs marking the time required to initialize the first population. In order
to obtain a satisfactory basis for the following algorithm, the optimization program
was designed in such a way that the initial population can only contain individuals
61
that satisfy all requirements. This leads to the initialization process taking more
than half of the entire computation time, which is why the choice of population size
has a great influence on the efficiency of the optimizer. The evolution of the best
fitness value over the generational cycles gives information on the effectiveness of
the represented probability parameters.
Figure 5.1: Minimum GLOW evolution over 50 generations for various hyperparam-
eter combinations and population sizes
The input parameters regarding mission and rocket are not important at this
point as only the trends and not the absolute values of the results are analyzed.
It can be observed that the calculations with case 2 and case 4 parameters take
significantly longer than with case 1 and case 3. This is, because the probability
that parents are chosen to mate or mutate is higher and thus a larger number of
new individuals is created that needs to be evaluated. Moreover, case 2 and case 4
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graphs show a serrated contour. Due to a larger percentage of parents being altered
by variation, loss of the best individual of a particular generation can occur, which is
indicated by the curve rising. This results in the algorithm taking longer to achieve
convergence on an optimum. Because of greater gene crossover and gene mutation
probabilities, this effect is more pronounced in case 4 than in case 2, for which
the effect lessens with increasing population size. Nevertheless, case 2 and 4 were
deemed inefficient and thus unsuitable for usage in the optimizer.
Comparing case 1 and case 3, it becomes clear that the optimum parameter
choice depends on the population size. For a small population size (see Fig. 5.1 a)),
case 3 yielded the worst results due to a loss of solution quality during the first
generational cycle and case 1 yielded the best results with a rapid improvement of the
fitness value over the generations. Although convergence occurred on an individual
with a higher fitness value than with greater population sizes, this setting is suitable
for rapid testing of configurations or changes to the optimization program. For
medium population sizes (see Fig. 5.1 b) and c)), case 3 had a slight performance
and time advantage, whereas for the largest population size (see Fig. 5.1 d)) case 1
converged slightly faster. Because initialization and algorithm take twice as long
for a population size of 10000 in comparison with a population of 5000 individuals
while delivering the same results, the former was not used for the calculations in
this thesis. Looking at Fig. 5.1 b) and c), it can be seen that for both population
sizes, 1000 and 5000, case 3 converged on the same fitness value. It has to be noted
that the individual with the best fitness value was found with case 2 configuration
and a population size of 1000. However, it vanished within one generational cycle
and was not found again.
The results in Fig. 5.1 impressively demonstrate the strengths of genetic algo-
rithms and also reveal their weakness. In contrast to random search algorithms,
which can be compared to the population initialization as individuals are randomly
generated, the GA finds and improves the solutions substantially faster. Nearly for
all cases and population sizes, individuals with significantly better fitness values
were found by the GA after just a few generations and in a fraction of the time that
was required for generating the first population. For a population size of 100 and
case 1 configuration, within less than 600 s a better individual was found than the
four initial populations of 10000 individuals contained after a creation time of more
than 50000 s. On the other hand, the disadvantage of GAs is that it is not guaran-
teed that the best solution will be found. This is exposed by case 2 in Fig. 5.1 b)
finding an individual with better fitness value than was found by any other configu-
ration. Even with population sizes ten times larger, the optimizer converged on an
individual with inferior fitness value.
In order to ensure a high solution quality and a stable process flow whilst keeping
computation duration at a reasonable level, the case 3 parameter combination and
a population size of 5000 individuals was chosen for all following calculations in
this thesis. Although convergence typically occurs much earlier, the number of
generations was kept at 50. While the lower mating and mutation probability of
63
the selected parents leads to a robust basis of individuals for each generation, the
higher gene crossover and gene mutation probabilities result in a higher diversity
and better representation of the search space. In combination with the relatively
large population size and number of generations, this increases the probability of




Whereas the previous chapters dealt with the settings and validation of the opti-
mization program, this chapter is focused on its application and the discussion of
the results. First, optimized launch vehicle configurations for various mission ob-
jectives are compared with regard to propellant combination and delta-v allocation.
Then, input parameters of other current launch vehicle research studies are applied
and the results compared. Subsequently, sensitivity analyses are conducted to in-
vestigate the influence of specific impulse, delta-v budget and structural coefficient
on launch vehicle performance. The implementation of alternative optimization ob-
jectives forms the end of this chapter. As it is of special interest, the impact of
the propellant combination on the characteristics of the optimized launch vehicles
is thoroughly examined. All configurations are TSTO launch vehicles with reusable
first stage using gas generator engines. Unless otherwise specified, the boundaries
and constraints of Appendix C were applied and the payload measurements were
chosen according to Ch. 4.
6.1 Comparison of Optimized Launch Vehicle Con-
figurations
In this section, the influence of propellant combination and delta-v allocation on the
performance of a medium-lift launch vehicle similar to Falcon 9 is analyzed. For a
5000 kg payload GTO mission (12000 m/s delta-v) and a 15600 kg payload LEO
mission (9500 m/s delta-v), the optimization program was executed separately for
the three propellant combinations LOX/LH2, LOX/RP-1 and LOX/LCH4. As the
oxidizer component is the same, only the fuel component is referred to hereafter to
distinguish between the propellant combinations. Seven different delta-v allocations
were investigated by fixing the first stage delta-v.
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6.1.1 GTO Mission
With a GTO delta-v requirement of 12000 m/s, the following delta-v allocations
were set for each of the three propellant combinations (see Table 6.1). The opti-
mized launch vehicles of each configuration are subsequently discussed. For better
overview, the results are plotted over the delta-v allocation. Detailed data can be
found in Appendix D.1.
Delta-v Upper Stage [m/s] 7000 7500 8000 8500 9000 9500 10000
Delta-v First Stage [m/s] 5000 4500 4000 3500 3000 2500 2000
Table 6.1: GTO delta-v allocations
Regarding the GLOW of the launch vehicles, it can be observed that the opti-
mized LH2 launch vehicles are significantly lighter than the RP-1 and LCH4 launch
vehicles for a given delta-v allocation (see Fig. 6.1), which is the result of the high
specific impulse of the LH2 combination. While showing a similar trend, the LCH4
launch vehicles are around 10% lighter than the corresponding RP-1 launch vehicles,
with the difference becoming greater for bigger first stages. This is also due to the
slightly better specific impulse of the LCH4 propellant combination in comparison
with RP-1. For all propellant combinations, the minimum GLOW was achieved for
a delta-v allocation of 3000 m/s for the first stage and 9000 m/s for the upper stage
(LH2: 332 t; LCH4: 485 t; RP-1: 534 t, see Appendix D.1). Altering the allocation
in any way leads to an increase of the GLOW. For the extreme delta-v allocation
of 2000/10000 the optimizer did not find any solution for the RP-1 and the LCH4
propellant combination in the given time frame. This is because of the restrictions
of the engine mass calculation in the optimization program, which has a range of
validity of only up to 2 MN per engine for these two propellants. As the upper
stage mass increases with increasing allocated delta-v, one engine producing less
than 2 MN of thrust is too weak to achieve the predefined minimum acceleration
for an upper stage of 10000 m/s. For launch vehicles with first stages producing
more than 4000 m/s the GLOW increases drastically, becoming more than twice as
large with the 5000/7000 delta-v allocation. Hence, the delta-v allocation plays an
important role in launch vehicle design and needs to be considered carefully.
In Fig. 6.2, the length of the optimized launch vehicles, the total structure
mass, its allocation onto the first stage and the upper stage as well as the structural
coefficients of both stages are presented for each configuration.
Although the LH2 launch vehicles feature the lowest GLOWs, they are 10-30%
longer than the LCH4 launch vehicle of the corresponding delta-v allocation, which
in turn is up to 8% bigger than the RP-1 rocket (see Fig. 6.2 b), Appendix D.1).
For the delta-v allocations 5000/7000 and 2500/9500 both hydrocarbon propellant
combinations show very similar lengths. The difference in size is mostly due to the
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Figure 6.1: GLOW comparison of the optimized GTO mission launch vehicles
differing propellant densities of the fuel components (see Table 2.5). Although LH2
and LCH4 rockets feature higher ROFs and require less propellant because of their
specific impulse, RP-1 is more than eleven times as dense as LH2 and close to two
times as dense as LCH4, which leads to smaller rocket sizes.
The total structure mass and first stage structure mass of the launch vehicles
show a trend similar to the GLOW, however more pronounced and with a different
order (see Fig. 6.2 a) and c)). According to the rocket length, the LH2 launch vehi-
cles have the highest structure mass, whereas RP-1 and LCH4 have nearly equivalent
total and first stage structure masses. For large upper stages RP-1 has a small struc-
ture weight advantage and for large first stages, LCH4 has slightly lighter structures,
because for this configuration the difference in GLOW becomes greater, which means
that RP-1 rockets require more powerful and thus heavier propulsion systems. The
fact that the LH2 first stage structure mass increases with decreasing first stage
delta-v for the delta-v allocations 2500/9500 and 2000/10000 is addressed later on.
Regarding the upper stage, the logical trend of larger structure masses for larger
upper stages can be observed (see Fig. 6.2 d)). However, a minimum is achieved
for LCH4 and RP-1 launch vehicles for the delta-v allocation 4000/8000 and for
LH2 launch vehicles for the 4500/7500 delta-v allocation, with the upper stage
structure mass increasing for a decreased upper stage delta-v past that point. The
propulsion system is responsible for this phenomenon, which is similar to the higher
LH2 structure mass of smaller first stages. This is also addressed in the following
discussion of the propulsion systems. For very large upper stages the structure mass
is increased dramatically, by up to 70% for RP-1 and LCH4 and by up to 140% for the
LH2 launch vehicle in comparison with the minimum value. For all configurations,
LH2 launch vehicles have the highest upper stage structure mass, followed by LCH4
launch vehicles while RP-1 launch vehicles have the lightest upper stage structures.
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Figure 6.2: Structure comparison of the optimized launch vehicles
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With respect to the structural coefficients (see Fig. 6.2 e) and f)), a clear de-
pendence on the delta-v of the respective stage can be seen. Increasing the delta-v
and hence the required propellant mass of a stage leads to a smaller structural co-
efficient which is beneficial for performance. Starting with the minimum first stage
structural coefficient, the rate of increase declines until the minimum GLOW con-
figuration with the 3000/9000 delta-v allocation. Decreasing the first stage delta-v
further results in a greater increase of the structural coefficient. This is because
for first stages with less than 3000 m/s the structure mass increases (LH2) or stays
nearly constant (RP-1, LCH4) while the propellant mass decreases. Similarly, the
upper stage structural coefficient is minimal for the largest upper stage configura-
tion and increases approximately linearly until the 4000/8000 (RP-1, LCH4) and
the 4500/7500 delta-v allocation (LH2), respectively. This coincides with the mini-
mum upper stage structural mass of the respective propellant combination. Further
decreasing the upper stage delta-v leads to a sharper increase in the structural co-
efficient, as the propellant mass decreases while the structure mass increases. For
both stages, the LH2 launch vehicles feature the largest structural coefficients with
a great margin towards the LCH4 launch vehicles, which in turn have a slightly
higher structural coefficient than the RP-1 rockets.
In Fig. 6.3, an overview over the propulsion systems of the optimized launch
vehicles is given. The total thrust of first and upper stage, the number of first stage
engines as well as combustion chamber pressure, mixture ratio, nozzle area expan-
sion ratio and the specific impulses of the engines are presented and subsequently
discussed.
The curves of the total first stage sea level thrust look similar to the curves of the
GLOW, as the first stage engines need to accelerate the entire launch vehicle with
the predefined minimum acceleration at engine ignition (see Fig. 6.3 a)). Therefore,
LCH4 and RP-1 launch vehicles require propulsion systems that deliver higher thrust
levels than LH2 launch vehicles. It has to be noted that the first stage thrust
increases more strongly than the GLOW for the 2500/9500 and 2000/10000 delta-v
allocations, indicating a more powerful propulsion system than necessary. Fig. 6.3 b)
shows the total upper stage vacuum thrust, which is equal to the thrust of one upper
stage engine, because only one engine is used to power the upper stage. Here, a
similar trend can be observed as with the upper stage structure mass. The engine
thrust increases for launch vehicles with larger upper stages, however the thrust is
minimal for the 4000/8000 (LCH4, RP-1) and for the 4500/7500 delta-v allocation
(LH2), respectively. For smaller upper stages, the engine thrust is increased, again
indicating the use of an oversized propulsion system.
As the same combustion chamber must be used for first and upper stage engines,
the thrust of one first stage engine is similar to the thrust of the upper stage engine,
albeit slightly lower. This method implies that multiple engines are required to
power the first stage. The number depends on the GLOW of the launch vehicle
and the weight of the upper stage, which has influence on the minimum size of
one engine. For the delta-v allocations that result in the heaviest launch vehicles,
69
Figure 6.3: Propulsion system comparison of the optimized launch vehicles
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10-13 engines are used for the first stage depending on the propellant combination
(see Fig. 6.3 c)). This number decreases to 5 for lighter launch vehicles with a large
upper stage delta-v, as this entails engines that are two times (LCH4, RP-1) or
three times (LH2) as powerful as the configuration with minimum thrust engines
(see Fig. 6.3 b)). For the delta-v allocations that lead to the smallest engines, a peak
in the number of first stage engines can be observed for the LCH4 launch vehicle
and the number of first stage engines for the LH2 and RP-1 launch vehicles stays
the same as for the next heavier configuration with stronger engines.
The combustion chamber pressure (see Fig. 6.3 d)) and mixture ratio (see Fig.
6.3 e)) are the same for first and upper stage engines due to the requirement of the
same combustion chamber and the resulting method of calculation in the optimiza-
tion program. For all configurations and propellant combinations, the combustion
chamber pressure ranges between 105 and 120 bar, which is close to or at the op-
timum of a gas generator engine (see Fig. 2.10). Regarding the mixture ratio, the
optimizer chose ROFs that deliver the optimum specific impulse or slightly higher
ROFs for LCH4 and RP-1 launch vehicles, whereas the ROF of the LH2 launch vehi-
cles was chosen closer to the stoichiometric combustion, which requires more oxidizer
than the composition for the optimum specific impulse thus leading to smaller tanks
and a reduced rocket size (see Table 2.5). With ROF ranges of 2.7-3.0 and 7.0-7.3 for
RP-1 and LH2 respectively, a slight increase in ROF is observable with increasing
upper stage delta-v, whereas the ROF of the LCH4 launch vehicles varies between
3.6-3.7 (see Appendix D.1).
Differing between first and upper stage engines, the nozzle area expansion ratio
influences the engines’ specific impulse as well as flow stability in light of the ambient
conditions. Looking at Fig. 6.3 f), it can be seen that with two exceptions the first
stage engine expansion ratio lies between 25 and 30. Most upper stage engines
have an expansion ratio of 200, which was the predefined upper boundary. The
deviations for a large upper stage delta-v (RP-1) and large GLOWs (RP-1, LCH4)
are the result of high-thrust engines with greater nozzle throat areas that would not
fit in the upper stage diameter with a greater expansion ratio.
The specific impulse of the engines is subject to the propellant combination, the
combustion chamber pressure, the ROF and the nozzle area expansion ratio. Al-
though the sea level and vacuum Isp of the first stage engines and the vacuum Isp of
the upper stage engines is mostly constant for all configurations of each propellant
combination (see Fig. 6.3 g) and h)), some trends and coherences can be analyzed.
As expected, the LH2 launch vehicles feature by far the highest specific impulses,
followed by LCH4 launch vehicles, which have an around 2-5% higher Isp than the
RP-1 rockets, depending on the configuration (see Appendix D.1). Regarding the
LCH4 first stage engines, the highest sea level specific impulses are achieved with
the 5000/7000 and 4000/8000 delta-v allocations, which coincide with the lowest
vacuum specific impulses. This is the result of the lower nozzle area expansion ratio
of 25. Similarly, for the RP-1 launch vehicles the first stage engine expansion ratio
of 20 results in the highest sea level and the lowest vacuum Isp (5000/7000 delta-v
71
allocation) and the expansion ratio of 30 leads to the lowest sea level and highest
vacuum Isp (2500/9500 delta-v allocation). The expansion ratio of 35 of the LH2
launch vehicle with 4000/8000 delta-v allocation yields the highest first stage vac-
uum Isp but also a lower sea level specific impulse. Examples of the influence of the
combustion chamber pressure are the sea level specific impulses of the 3000/9000
LCH4 and the 3500/8500 LH2 launch vehicles. The relatively low combustion cham-
ber pressure of 105 bar leads to the lowest sea level Isp of all configurations of the
respective propellant combination. This influence appears to be smaller in case of
the vacuum specific impulse. Regarding the vacuum specific impulse of the upper
stage engines, nearly constant values are achieved for most launch vehicles of each
propellant combination. Only the configurations with smaller nozzle area expansion
ratio exhibit a slightly lower Isp. Comparing the RP-1 launch vehicles with the two
largest upper stages shows the influence of the expansion ratio as ROF and combus-
tion chamber pressure are the same. Reducing the expansion ratio from 200 to 165
entails a decrease in Isp of 2.5 s, which amounts to only 0.7% (see Appendix D.1).
A more detailed engine mass estimation model, which better reflects the weight of
the nozzle, could be implemented in the future to examine the behaviour of the
optimization program to choose the highest possible expansion ratio.
In order to understand the optimum propulsion system choice, the stages’ ac-
celeration at engine ignition is examined. Fig. 6.4 a) shows that for the delta-v
allocations of 4000/8000, 3500/8500 and 3000/9000 the propulsion systems of both
the first and the upper stage deliver minimum acceleration levels just above the re-
quirements. For larger first stages, more powerful propulsion systems are required,
which results in a larger number of and more powerful engines. This leads to over-
sized engines in the upper stage and hence acceleration levels well above the required
minimum. On the other hand, very large upper stages also require a powerful en-
gine, leading to higher acceleration levels of the first stage propulsion system. These
trends were already indicated by Fig. 6.3 a) and b). The minimum acceleration of
1.85 g of the LH2 launch vehicle with 2000/10000 delta-v allocation implies that
four instead of five engines would have delivered sufficient thrust levels, but a mini-
mum of five engines was set for the first stage. While this requirement makes sense
to prioritize a greater number of first stage engines over the optimum upper stage
engine size, adding an extra engine that is thrust-wise not needed defeats the pur-
pose. The oversized engines of very small upper and first stage configurations as
well as the unnecessary additional first stage engine of the LH2 launch vehicle with
2000/10000 delta-v allocation are the reason behind the already discussed increase in
stage structure mass for a decrease in delta-v of the respective stage (see Fig. 6.2 c)
and d)). Furthermore, the excessively strong engines of small upper stages and the
required high thrust engines of the largest upper stages lead to unsuitable accelera-
tion levels towards the end of the upper stage engine burn, even with consideration
of an engine throttle (see Ch. 3.3.1, Appendix D.1). The LH2 launch vehicles fea-
ture higher structure masses whilst requiring lower thrust propulsion systems, hence
experiencing lower maximum acceleration levels. Additional constraints that lead to
smaller upper stage engines and thus a higher number of first stage engines as well
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as a lower upper stage minimum acceleration could resolve this issue in the future.
Fig. 6.4 b) depicts the propulsion system mass, including engines and TVC sys-
tem, of upper and first stage for all configurations. The graphs show trends similar
to the total stage thrust, however because of heavier engines, LH2 launch vehicles do
not always have the lightest propulsion systems. Depending on the delta-v alloca-
tion, either LH2 or LCH4 launch vehicles feature smaller propulsion system masses,
with RP-1 launch vehicles having propulsion system masses similar to LCH4 launch
vehicles in all upper stages and in first stages for large upper stage delta-v’s. The
influence of the number of engines on the propulsion system mass can be observed
by comparing LCH4 launch vehicles with the 5000/7000 and 4000/8000 delta-v allo-
cations. The higher thrust level and smaller number of engines of the former leads to
a thrust-to-weight ratio of 93, whereas the lower thrust level and higher number of
engines of the latter results in a thrust-to-weight ratio of 69 for the entire first stage
propulsion system. This is indicated by a small peak in first stage propulsion system
mass for the 4000/8000 LCH4 launch vehicle in relation to the other configurations.
Figure 6.4: Minimum acceleration and propulsion system mass comparison of the
optimized launch vehicles
6.1.2 LEO Mission
Whereas the characteristics of the optimized GTO launch vehicles were discussed
in great detail in the last section, this section is focused on the comparison of
GTO and LEO launch vehicles. With a LEO delta-v requirement of 9500 m/s, the
following delta-v allocations were set for each of the three propellant combinations
(see Table 6.2). Subsequently, the optimized launch vehicles of each configuration
are compared to their counterpart of the GTO mission to determine the versatility
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of the launch vehicles. For better overview, the results are plotted over the first
stage delta-v, as the upper stage delta-v differs between the two missions. Detailed
data can be found in Appendix D.1 and D.2.
Delta-v Upper Stage [m/s] 4500 5000 5500 6000 6500 7000 7500
Delta-v First Stage [m/s] 5000 4500 4000 3500 3000 2500 2000
Table 6.2: LEO delta-v allocations
Comparing the GLOWs of the optimized launch vehicles of both missions, it
can be observed that for most delta-v allocations the curves of the GTO and the
LEO mission are very similar, diverging only for configurations with small first
stages (see Fig. 6.5). The LCH4 and RP-1 rockets of the GTO mission are heavier
than of the LEO mission for all delta-v allocations except for the 4000 m/s first
stage. Of the LH2 launch vehicles, LEO configurations with a first stage delta-v
equal to or greater than 3500 m/s are heavier than the respective GTO mission
rocket.
Figure 6.5: GLOW comparison of the GTO and LEO mission launch vehicles
In order to determine if the GTO launch vehicles are capable of accomplishing
the LEO mission and vice versa, the delta-v performance of each vehicle was calcu-
lated for both payload bay mass configurations. Fig. 6.6 shows for each propellant
combination the achievable delta-v of the GTO launch vehicle and the LEO launch
vehicle with the GTO payload (see Fig. 6.6 a), c) and e)) as well as the achiev-
able delta-v of the LEO launch vehicle and the GTO launch vehicle with the LEO
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payload (see Fig. 6.6 b), d) and f)). It can be seen that for all delta-v allocations
the LEO launch vehicles are not capable of delivering the same delta-v as the GTO
launch vehicles for the same payload. On the other hand, all GTO launch vehicles
are capable of accomplishing the LEO mission.
Regarding the LEO launch vehicles, the configurations with a first stage delta-v
of 3500 m/s (LCH4, RP-1) and 4000 m/s (LH2) present the highest performance
for the GTO mission. While the latter nearly achieves 12 km/s delta-v, the LCH4
and RP-1 rockets show a poorer performance. Contrarily, the LCH4 and RP-1
GTO launch vehicles outperform the LH2 rockets of the respective configurations
for the LEO mission for most delta-v allocations (see Appendix D.1 and D.2). The
GTO launch vehicles with a 4000 m/s delta-v first stage present the lowest LEO
mission performance and are closest to the performance of the LEO launch vehicles.
These trends indicate that the hydrocarbon propellants yield an advantage for LEO
missions and hydrogen for GTO missions. This is examined later in Ch. 6.4.
As the first stage delta-v calculations for the data in Fig. 6.6 were made using the
mean Isp that was determined via the trajectory simulation, a small inaccuracy could
be the result of altering the payload bay mass and therefore changing the acceleration
values. However, for GTO vehicles with LEO payload minimum acceleration values
did not fall under 0.85 g for the upper stage and 1.27 g for the first stage, which is
deemed to be acceptable albeit lower than the minimum acceleration constraint in
the optimization program.
Overall, the GTO launch vehicles with the 3000/9000 delta-v allocation have
the smallest GLOW of all launch vehicles that are capable of completing both GTO
and LEO mission. Nevertheless, in terms of reusability it could be economically
advantageous to opt for a launch vehicle configuration with a higher first stage
delta-v. Although this entails a heavier launcher, a greater portion of the rocket
would be reusable. A correlation of the number of reuses of the launch vehicle’s first
stage and the optimum delta-v allocation is investigated in Ch. 6.4. While the LH2
propellant combination achieves the launch vehicles with the smallest gross lift-off
weight, their disadvantages are a larger size and structure mass. Comparing the
LCH4 and RP-1 launch vehicles shows that the former have a lower GLOW while
the latter have a small size advantage. Both feature similar structure masses.
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Figure 6.6: Delta-v capability comparison of GTO and LEO launch vehicles with
GTO payload as well as LEO and GTO launch vehicles with LEO payload
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6.2 Comparison with Current Launch Vehicle Re-
search Studies
This chapter is focused on a comparison of the results of the optimization program
that was developed in the course of this thesis with various current launch vehicle
research studies. For this purpose, the studies XTRAS, AKIRA, ENTRAIN and
RETALT were chosen, as they all investigate launch vehicle configurations with
reusable first stages. Here, comparisons are only made with TSTO launch vehicles
that land downrange by means of retropropulsion using gas generator engines with
the LOX/LH2, LOX/RP-1 and LOX/LCH4 propellants or a combination of those.
As the oxidizer is the same for all propellant combinations, only the fuel is referred
to in order to distinguish between different combinations hereafter.
6.2.1 XTRAS / AKIRA (DLR)
The XTRAS and AKIRA studies were conducted at the DLR in Bremen, Germany,
to compare different methods of landing reusable first stages regarding performance
and other characteristics as well as to identify necessary key technologies [19, 20].
As both studies were conducted by the same authors and the same mission objective
was applied, they are examined in the same section. The considered mission consists
of delivering a 7500 kg payload into a GTO orbit. Furthermore, the same propellant
combination and combustion chamber are used for both stages. In both studies,
launch vehicles were calculated with a 6600 and 7000 m/s upper stage delta-v.
Unfortunately, no direct information is given on the total delta-v budget or the
assumed delta-v losses in the XTRAS study. Thus, the first stage delta-v is unknown.
The relatively low upper stage delta-v’s are the reason why the optimization program
was also executed for 11500 m/s in addition to the standard 12000 m/s delta-v
budget. Calculations were made for the three propellant combinations LOX/LH2,
LOX/RP-1 and LOX/LCH4 with the same first stage delta-v allocations as in the
previous section. Detailed data can be found in Appendix D.3 and D.4.
For both delta-v budgets, the GLOWs of the optimized launch vehicles are pre-
sented in Fig. 6.7. If a launch vehicle configuration is not represented, no individual
was found by the optimization program in the given time frame. As already ob-
served, the GLOW increases dramatically for low upper stage delta-v allocations.
This raises the question of the reason behind the delta-v allocations chosen for final
investigation in XTRAS and AKIRA.
XTRAS
In a first design loop, launch vehicle masses were calculated with historical struc-
tural indices. As no data exist for LCH4 launchers, the values were interpolated
with the ones for LH2 and RP-1 launch vehicles according to their density. The
first results with upper stage delta-v’s ranging between 6.6 and 7.6 km/s indicated
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Figure 6.7: GLOW comparison for a 12000 m/s and a 11500 m/s delta-v budget
that the optimum lies between 6.6 and 7.0 km/s with 6.6 km/s yielding a weight
advantage [19]. This is why those two upper stage delta-v’s were chosen for further
study. The final results are presented in Table 6.3 and show a reversed trend with
the launch vehicles with 7.0 km/s upper stage delta-v being significantly lighter,
however it was not taken into consideration that an even higher upper stage delta-v
might further decrease the GLOW. RP-1 launch vehicles were not included at this
point in the study.
Comparing the LH2 and LCH4 optimized launch vehicles with the results of the
study, it can be seen that the trend of lighter launch vehicles for higher upper stage
delta-v’s is similar. However, for a delta-v budget of 12 km/s the lowest examined
upper stage delta-v was 7 km/s as this delta-v allocation yields a significant increase
in GLOW, higher than in the XTRAS study. In comparison with the results of the
11.5 km/s delta-v budget, the LH2 vehicles of the XTRAS study feature 15-40%
lower GLOWs and the LCH4 vehicles 33-62% higher GLOWs than the launch vehi-
cles output by the optimization program with 6.5 and 7.0 km/s upper stage delta-v
(see Appendix D.4). Regarding the length, the same trend is observed for these
configurations, with the XTRAS LH2 vehicles being around 20% smaller and LCH4
vehicles being 10-20% larger than their counterparts of the optimization program.
One measure for the structural efficiency of a launch vehicle in the XTRAS, AKIRA
and ENTRAIN studies is the structural index (SI), which is defined as the structure
mass of a stage divided by its propellant mass. Values that were deduced from






Propellant Combination LOX/LH2 LOX/LCH4
Upper Stage ∆v [km/s] 6.6 7.0 6.6 7.0
Length [m] 89.6 82.2 99.2 92.8
GLOW [t] 602 479 1761 1384
Upper Stage SI [%] 12 10.5 7.8* 6.4*
First Stage SI [%] 12.5 14 8.8* 8.9*
Landing Propellant Mass Fraction [%] 10 6.5 9.0 7.0
Upper Stage Isp (ε=120) [s] 440.4 348
First Stage Sea Level/Vacuum Isp (ε=20) [s] 366/405.5 289/320
Table 6.3: XTRAS study results [19]
As the upper stage SI in the studies includes the fairing mass [19], all payload
bay masses except the payload itself were included in the calculation of the upper
stage SI in the optimization program. Comparing the SIs, a 50-60% higher upper
stage SI for both propellant combinations and a 20% (LH2) and 40% (LCH4) lower
first stage SI can be seen in the optimized launch vehicles with 11.5 km/s delta-v
budget and 6.5 as well as 7.0 km/s upper stage delta-v in contrast to the vehicles of
the XTRAS study. The results of the optimizer indicate that the SIs are strongly
dependent on the delta-v allocation. For the largest first or upper stage delta-v’s
the SI is reduced by around 50% in comparison with the smallest stage delta-v’s.
The landing propellant mass fraction is used as a measure in the XTRAS study
and represents the ratio of the propellant mass required to land the first stage to
the first stage wet mass (structure mass + propellant mass). This is also highly
dependent on the delta-v allocation because a higher upper stage delta-v implies
a lower first stage delta-v, which reduces the velocity at stage separation. For the
optimized launch vehicles that were already used for comparison, landing propellant
mass fractions of 13.3 and 11.6% as well as 9.9 and 8.6% were obtained for the LH2
and LCH4 launch vehicles with 6.5 and 7.0 km/s upper stage delta-v, respectively
(see Appendix D.4). This represents 33-78% (LH2) and 10-23% (LCH4) higher
values than for the launch vehicles of the XTRAS study. As no assumptions for
the calculation of the descent propellant mass are given, these major and uneven
deviations cannot be analyzed at this point.
Regarding the engines in the XTRAS study, a combustion chamber pressure
of 120 bar, a nozzle area expansion ratio of 20 for the first stage and 120 for the
upper stage as well as an engine ROF of 6.0 for LH2 and 2.5 for LCH4 were fixed.
The ROFs of the combustion chamber are not listed. For the calculations in the
optimization program, no parameters were fixed and no additional boundaries were
applied. The engines of the optimized launch vehicles feature combustion chamber
pressures of 110-120 bar, expansion ratios of 20-30 in the first stage and 170-200 in
the upper stage.
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In order to compare the performance of the first stage engines, the LH2 launch
vehicle with 3000/8500 and the LCH4 launch vehicle with 5000/7000 delta-v allo-
cation are selected, because both feature a first stage engine expansion ratio of 20.
Whereas the sea level and vacuum Isp of the LH2 launch vehicle show a deviation
of only 0.2% in comparison with the XTRAS study, the LCH4 vehicle of the study
features a 2.8 and 2.4% lower sea level and vacuum Isp than the vehicle of this thesis.
As the upper stage engine expansion ratio of the optimized launch vehicles is higher
than of the vehicles in the XTRAS study, higher specific impulses are expected and
a direct comparison cannot be made, however the trend is similar with an around
2.7% higher upper stage engine vacuum Isp of the optimized LH2 vehicles and a 4.9%
higher vacuum Isp of the LCH4 vehicles in comparison with the XTRAS study.
Overall, a direct comparison is aggravated by missing information regarding the
total delta-v budget in the report of the XTRAS study. Most trends of the study
could not be replicated with the optimization program, e.g. the massive discrepancy
between the two propellant combinations regarding the GLOW, LH2 launch vehicles
being smaller than the LCH4 rockets as well as the upper stage SI being lower than
the first stage SI for this upper stage delta-v. On the basis of the results obtained
in this thesis, the upper stage delta-v allocation choice in the XTRAS study seems
questionable. Furthermore, the 35% decrease in landing propellant mass fraction
between LH2 launch vehicles with 6.6 and 7.0 km/s upper stage delta-v raises the
question of how the landing propellant mass is estimated. The nonexistent or lower
differences in Isp between the LH2 launch vehicles on the one hand and the significant
deviations in Isp between the LCH4 launch vehicles on the other hand, indicate
rather conservative assumptions solely for the calculation of the LCH4 engines in
the XTRAS study.
AKIRA
The AKIRA study is assumed to have been conducted in the same framework
as XTRAS, which is why a different focus is laid on in the comparison with the
optimized launch vehicles. The GLOW of the launch vehicles with LOX/LH2,
LOX/RP-1 and LOX/LCH4 propellant combination and 7.0 km/s upper stage delta-v
are presented in Table 6.4. As the study deals with the delta-v of the landing maneu-
ver, values for the delta-v’s that represent the velocity increase due to gravitation
during descent as well as the velocities that are compensated by aerodynamic drag
and the engines are also given. The total velocity reduction is the sum of the three
components. All values were deduced from graphs and may therefore be not com-
pletely accurate.
For the following comparison, the optimized launch vehicles with a delta-v budget
of 11.5 km/s and a 7.0 km/s upper stage delta-v are selected. The GLOWs of the
AKIRA study are lower than the ones of the XTRAS study. In comparison with
the optimized launch vehicles, the LH2 AKIRA launch vehicle features a 23% lower
GLOW and the RP-1 and LCH4 launch vehicles a 19% and 34% higher GLOW,
respectively (see Appendix D.4).
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Propellant Combination LOX/LH2 LOX/RP-1 LOX/LCH4
GLOW [t] 440 1140 1150
∆v Gravitation [m/s] +875 +700 +700
∆v Drag [m/s] -2500 -2125 -2125
∆v Engines [m/s] -1250 -1425 -1500
Total Velocity Reduction [m/s] -2875 -2850 -2925
∆v First Stage Ascent [m/s] +4050 +3850 +3925
∆v Losses Ascent [m/s] -1175 -1000 -1000
Table 6.4: AKIRA study results [20, 21]
Regarding the delta-v for the landing, the AKIRA launch vehicles deliver between
1250 and 1500 m/s delta-v with their engines and a total velocity reduction of 2850-
2925 m/s is achieved considering drag and the velocity added by gravitation. This
is assumed to be equal to the total first stage delta-v of the ascent reduced by the
delta-v losses during ascent, which are presented by the same authors in [21] and
are also depicted in Table 6.4. In [21] the landing delta-v of the engines is added
to the first stage ascent delta-v for comparison, however this is highly misleading
as the delta-v calculation for ascent incorporates the entire upper stage as payload
whereas the delta-v calculation for the descent of the first stage comprises only the
first stage structure mass as the final mass of the vehicle (see Eq. 2.6).
Values of around 4.0 km/s are given for the first stage ascent delta-v, differing
slightly between the launch vehicles. This means that with a 7.0 km/s upper stage
delta-v the total delta-v budget of the launch vehicles is roughly 11.0 km/s, which
is only sufficient for a GTO mission with launch site in Kourou if the accumulated
delta-v losses do not exceed relatively low 1000 m/s and no safety margins are
considered. As the first stage delta-v’s of the RP-1 and LCH4 launch vehicles are
lower than 4.0 km/s and the delta-v losses for the LH2 launch vehicle are higher than
1000 m/s, the delta-v budget of the presented launch vehicles is deemed critically
low for a GTO mission if these values are correct.
Comparing the delta-v which is compensated by aerodynamic drag during reen-
try, it can be observed that the LH2 launch vehicle features a 17% higher value than
the RP-1 and LCH4 launch vehicles (see Table 6.4). This is justified with a lower
ballistic coefficient of the LH2 launch vehicle stemming from the low bulk density
of the LOX/LH2 propellant combination and the resulting higher ratio of launcher
volume to mass [20]. As no definition of the ballistic coefficient (BC) is given, the






with M being the launch vehicle mass at the considered point in time, Cd the
drag coefficient and A the cross-sectional area of the rocket. The drag coefficient is
assumed to be similar for all regarded launch vehicles and is not analyzed. Regarding
the M to A ratio of the reusable first stages after stage separation, the RP-1 and
LCH4 launch vehicles feature a 0.7% and 5.4% higher value than the LH2 launch
vehicle for the 4500/7000 delta-v allocation, respectively (see Appendix D.4). As the
RP-1 and LH2 first stages have the same stage radius, the similar mass at MECO
leads to this small difference. The LCH4 first stage has a 7.5% lower cross-sectional
area and a 2.5% lower mass than the LH2 stage, resulting in the higher M to A
ratio. The similar first stage mass for all propellant combinations at stage separation
might surprise as the GLOWs of the LCH4 and RP-1 launch vehicles are 50% and
68% higher than the GLOW of the LH2 launch vehicle with this configuration (see
Appendix D.4). However, the hydrocarbon first stages feature a 20% smaller first
stage structure mass, which in combination with a 12% (LCH4) and 19% (RP-1)
higher landing propellant mass leads to similar stage masses before the reentry burn
for this delta-v allocation (see Fig. 6.8). It can be assumed that this composition
results in lower masses of the hydrocarbon stages and therefore a lower ballistic
coefficient during the descent, which increases drag.
Figure 6.8: Landing propellant mass comparison and first stage structure + landing
propellant mass comparison
In the optimization program the delta-v due to atmospheric drag is considered to
be constant 1500 m/s for all propellant combinations and first stage ascent delta-v’s.
It was derived from the delta-v that the engines of the Falcon 9 rocket provide during
descent and its ascent delta-v. This way, the descent delta-v of launch vehicles with
different delta-v allocations are linked to the Falcon 9 delta-v allocation. Differences
are compensated by varying the reentry burn, hence a constant stage velocity can
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be assumed upon entering the denser parts of the atmosphere in which atmospheric
drag becomes of importance. This also keeps the reentry loads at a constant level.
For first stages with very small ascent delta-v, the minimum descent delta-v was set
equal to Falcon 9’s landing burn delta-v (see Ch. 2.3.2).
With respect to the examination of the ballistic coefficient, the assumption of
the same drag delta-v for all propellant combinations in the optimization program
is deemed valid. In comparison with the AKIRA study, the large difference in BC
entailing an advantageous higher drag delta-v of the LH2 launch vehicle could not
be replicated with the optimized launch vehicles. The estimated delta-v due to
atmospheric drag in the optimization program is much lower than in the AKIRA
study and is set against the total first stage ascent delta-v, which leads to the engines
having to provide a higher delta-v for the landing. Less efficient engines and higher
structural indices are assumed to be responsible for the hydrocarbon launch vehicles
of the AKIRA study still being heavier than the corresponding optimized launch
vehicles despite having lower delta-v performance. In the future, a more detailed
consideration of the atmospheric drag in the optimization program could increase
the accuracy of the results.
6.2.2 ENTRAIN (DLR)
The ENTRAIN study is a continuation of the previously presented studies. A TSTO
launch vehicle with retropropulsive landing first stage was designed for a 5500 kg
payload GTO mission. In the first stage the propellant combination LOX/LCH4 is
used and in the upper stage LOX/LH2, with gas generator engines being applied in
both stages. For comparison, the optimization program was executed with the same
parameters that were chosen for the ENTRAIN launch vehicle (see Table 6.5). As no
information is given on the delta-v budget and its allocation [22], the launch vehicle
was optimized for a 12 km/s delta-v budget with 3700/8300 delta-v allocation. This
does not achieve the lowest GLOW but is assumed to be a good tradeoff between
low mass and maximizing the size of the reusable first stage.
Fixed Parameters First Stage/Upper Stage
Stage Radius [m] 2.4/2.4
Combustion Chamber Pressure [bar] 120/120
Nozzle Area Expansion Ratio [-] 22/150
Constraints First Stage/Upper Stage
Number of Engines [-] 9/1
Minimum Acceleration [g] 1.4/0.9
Table 6.5: ENTRAIN study launch vehicle characteristics [22]
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The characteristics of the optimized launch vehicle are compared to the EN-
TRAIN launch vehicle in Table 6.6. It can be observed that the GLOW and length of
the vehicles are very similar. The optimized launch vehicle is slightly smaller and the
ENTRAIN launch vehicle is 10 t lighter. Regarding the upper stage, the ENTRAIN
launch vehicle features a significantly lower structure mass. It is assumed that the
fairing mass is included which is why the fairing, avionics and payload adapter mass
are included in the upper stage structure mass of the optimized launch vehicle as
well. This results in a structural index of 13.1% in comparison with 9.5% of the
ENTRAIN vehicle. As the upper stage of the optimized launch vehicle is around
26 t heavier, its engine is also more powerful. With respect to the first stage, the
optimized launch vehicle features an around 7 t lower structure mass and 7.7 t lower
propellant mass, resulting in a structural index of 7.2% in contrast to 8.95% of the
ENTRAIN vehicle. Both sea level and vacuum thrust of the first stage engines are
similar, however the sea level and vacuum Isp of the optimized launch vehicle are
2.7 and 2.1% higher than of the ENTRAIN launcher. The difference in Isp between
the LH2 engines of the upper stage is only 0.6%. A comparison regarding the to-
tal delta-v, its allocation and the descent delta-v cannot be made, as the landing
propellant mass of the ENTRAIN vehicle is not known.
ENTRAIN Optimizer
Upper Stage
Structure Mass [kg] 5700 10635
Propellant Mass [kg] 60200 81333
SI [%] 9.5 13.1
Vacuum Thrust [kN] 1 · 635 1 · 832
Vacuum Isp [s] 444 446.7
First Stage
Structure Mass [kg] 33800 26713
Propellant Mass [kg] 378000 370319
SI [%] 8.95 7.2
Vacuum Thrust [kN] 9 · 838 9 · 834
Vacuum Isp [s] 322.5 329.4
Sea Level Thrust [kN] 9 · 748 9 · 750
Sea Level Isp[s] 288 296
Complete Launch Vehicle
Length [m] 67.25 66.02
GLOW [kg] 484500 494500
Table 6.6: Comparison of the ENTRAIN launch vehicle with the launch vehicle of
the optimization program [22]
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6.2.3 RETALT
RETALT is a joint project of various contributors to create a foundation of know-
how for research and industry in the key technologies of retropropulsive landing [23].
The investigated TSTO launch vehicle with reusable first stage is capable of deliv-
ering a 14000 kg payload into GTO. In both stages, gas generator engines using the
LOX/LH2 propellant combination are applied. In order to compare the results of
RETALT with the optimization program, the input parameters were chosen accord-
ing to the RETALT configuration (see Table 6.7). Parameters that are not listed
were subject to the standard boundaries (see Appendix C). Although not stated
in [23], the available information allowed an estimation of the delta-v capabilities
of the RETALT launcher. Treating the 7.5 t of excess propellant in the first stage
as inert mass [23], a total delta-v budget of 12.1 km/s and a delta-v allocation of
3800/8300 was determined. A payload radius of 2.9 m and height of 7 m were chosen
to achieve a fairing of similar size and weight.
Fixed Parameters First Stage/Upper Stage
Stage Radius [m] 3.0/3.0
Nozzle Area Expansion Ratio [-] 15/70
Constraints First Stage/Upper Stage
Number of Engines [-] 9/1
Minimum Acceleration [g] 1.3/0.64
Table 6.7: RETALT study launch vehicle characteristics [23]
The characteristics of the resulting optimized launch vehicle are compared to the
RETALT launcher in Table 6.8. Regarding the upper stage, a very good accordance
is achieved. The structure mass of the optimized launch vehicle (here containing the
avionics and payload adapter mass) is slightly higher and the propellant mass slightly
smaller, which is also reflected by the 1.25% higher vacuum Isp. The structural
coefficient differs only by 0.2%, proving the assumptions made in the optimization
program to be reasonable. As the total masses of the upper stages differ only by
around 1.5 t, the higher upper stage engine thrust of the optimized launch vehicle
results in a higher minimum acceleration of 0.74 g in contrast to 0.64 g of the
RETALT upper stage. With respect to the first stage, the 21% higher structure mass
and 4% higher propellant mass lead to a structural coefficient of 10.1% in contrast to
8.7% of the RETALT first stage. Deviations of 0.4 and 0.2% in vacuum and sea level
Isp of the first stage engines show a very good accordance of the engine performance
characteristics. In combination with the difference in first stage structure mass, the
17% greater landing propellant mass of the optimized launch vehicle is assumed to be
reasonable, however a performance analysis is subsequently conducted. Comparing
the overall mass and size of the launch vehicles shows only a small difference of
3.8% with regard to the GLOW, whereas a length difference of 13.6% is obtained.
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This is partially attributed to the tank design, as the RETALT launcher features
a common bulkhead configuration and the optimized launch vehicle separate tanks
with spherical ends in tandem configuration. Because of the relatively large stage
radius, the latter results in an empty volume of 113 m3 between the first and upper
stage tanks.
A performance analysis was made to compare the delta-v capabilities of the two
launch vehicles (see Table 6.8). As the delta-v budget and allocation of the optimized
launch vehicle were chosen based on an estimation for the RETALT vehicle, the
good accordance between the two does not surprise. For first stage ascent and
descent delta-v calculation, a mean Isp 1.6% higher than the middle of sea level and
vacuum Isp was used. This value was derived from the trajectory simulation of the
optimized launch vehicle. As already stated, 7.5 t of the first stage propellant of the
RETALT vehicle are not used for acceleration or deceleration and were therefore
treated as inert mass in the delta-v calculation [23]. The fairing was assumed to
be jettisoned simultaneously with stage separation and thus was not included in
the upper stage delta-v calculation. In addition to the total delta-v budget and its
allocation being congruent for the two launch vehicles, the similarity of the delta-v
provided by the engines during descent proves the reasonability of the assumptions
and calculations in the optimization program. If the RETALT vehicle were to use





Payload Mass [kg] 14000 14000
Fairing Mass [kg] 2500 2575
Fairing Length [m] 12 12
Upper Stage
Length [m] 19.8 23.6
Structure Mass [kg] 16700 17280
Propellant Mass [kg] 187500 185272
Structural Coefficient [%] 8.3 8.5
Vacuum Thrust [kN] 1 · 1364 1 · 1564
Vacuum Isp [s] 431.9 437.3
First Stage
Length [m] 71.2 79.6
Structure Mass [kg] 59300 72021
Propellant Mass [kg] 621500 644506
Propellant Mass Landing [kg] 50000 58589
Structural Coefficient [%] 8.7 10.1
Vacuum Thrust [kN] 9 · 1273 9 · 1442
Vacuum Isp [s] 401.6 403.2
Sea Level Thrust [kN] 9 · 1179 9 · 1329
Sea Level Isp [s] 372.2 371.4
Complete Launch Vehicle
Length [m] 103 117
GLOW [kg] 901500 935655
Performance
Delta-v Upper Stage [m/s] 8309 8300
Delta-v First Stage [m/s] 3789 3799
Total Delta-v [m/s] 12098 12099
Descent Delta-v [m/s] 2155 2298
Table 6.8: Comparison of the RETALT launch vehicle with the launch vehicle of
the optimization program [23]
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6.3 Sensitivity Analyses
In order to examine the various influences on launch vehicle performance, three
different sensitivity analyses were carried out. With respect to the Tsiolkovsky rocket
equation, the impact of delta-v budget, specific impulse and structural coefficient
on the launch vehicle GLOW is investigated hereafter for a 5000 kg payload GTO
mission.
6.3.1 Delta-v Budget
Figure 6.9: Delta-v budget sensitivity
To study how the total delta-v budget
affects the launch vehicle characteristics,
the optimization program was executed for
the delta-v budgets of 12000 m/s and
11500 m/s. For all three propellant com-
binations, Fig. 6.9 depicts the GLOWs of
the optimized launch vehicles plotted over
the first stage delta-v, as the upper stage
delta-v differs between two respective con-
figurations.
The results show that for each delta-v
allocation, the lower total delta-v yields a
lower GLOW. With around 60 t (LH2),
100 t (RP-1) and 90 t (LCH4), the abso-
lute difference is smallest for medium first
stage delta-v’s and it is maximum for large
first stage delta-v’s with 110 t (LH2), 200 t
(RP-1) and 160 t (LCH4). For all three
propellant combinations, the percental dif-
ference ranges between around 15-30%, in-
creasing with a decreasing first stage delta-v
and lower GLOW. It can be concluded that
a reduction of delta-v losses by 500 m/s
achieves a significant GLOW decrease.
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6.3.2 Specific Impulse
Figure 6.10: Specific impulse sensitiv-
ity
In general, an improvement of the propul-
sion system performance has a direct influ-
ence on vehicle size, cost and reliability [15].
By means of an Isp sensitivity analysis, the
impact of a higher or lower Isp on the launch
vehicle characteristics can be investigated.
Here, the difference in GLOW is examined
by comparing the optimized launch vehicles
with regular Isp calculation to the ones with
a by 2% increased as well as decreased Isp
(see Fig. 6.10).
With the 2% lower Isp, the GLOW is in-
creased by a minimum of 34 t (10%) for the
LH2 and 68 t (12%) for the RP-1 launch ve-
hicles with 3500/8500 delta-v allocation as
well as 50 t (10%) for the LCH4 launch ve-
hicle with 3000/9000 delta-v allocation. For
all propellants, the maximum percentage-
wise increase in GLOW of around 25% yields
the 5000/7000 delta-v allocation with 230 t
for LH2, 343 t for RP-1 and 312 t for LCH4.
Increasing the Isp by 2% results in a min-
imum 10% lower GLOW for the 3000/9000
delta-v allocation, which amounts to 34 t for
LH2, 50 t for RP-1 and 44 t for LCH4. The
maximum decrease in GLOW of 15-17% is
achieved for the 5000/7000 delta-v alloca-
tion, amounting to 155 t for LH2, 254 t for
RP-1 and 190 t for LCH4.
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6.3.3 Structural Coefficient
Figure 6.11: Structural coefficient
sensitivity
As a measure of the efficiency of the rocket
structure, the structural coefficient is an in-
dicator for the performance of a launch vehi-
cle. Manipulating the structure mass calcu-
lations in the optimization program, a sen-
sitivity analysis regarding the structural co-
efficient was conducted for launch vehicles
with the 3500/8500 delta-v allocation. The
factors 0.90, 0.95, 1.05 and 1.10 were applied
to decrease and increase the structure mass
of both stages by 5% and 10% with respect
to the regular configuration. The impact on
GLOW, the percental GLOW deviation and
the first stage structural coefficient deviation
are presented in Fig. 6.11.
It can be observed that the GLOW in-
creases linearly with increasing structure
mass for all propellant combinations. Com-
paring the GLOW deviation shows that the
LH2 launch vehicles are affected stronger by
varying the structure mass than the RP-1
and LCH4 launch vehicles, whose GLOWs
change approximately with the same rate as
the structure mass alteration. The devia-
tion of the structural coefficient depicts that
for LH2 and LCH4 the structural coefficient
rises slower while increasing the structure
mass and decreases faster while decreasing
the structure mass in comparison with the
RP-1 launch vehicles.
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6.4 Alternative Optimization Objectives
Until now, exclusively the gross lift-off weight (GLOW) of the launch vehicles was
used as the fitness value representing the optimization objective in the optimization
program. This way, the problem to solve was finding the overall lightest launch
vehicle that fulfills all requirements. As the propellant mass constitutes the bulk
of the GLOW while only being responsible for around 0.4% of the launch vehicle
costs [49], it is reasonable to explore different optimization objectives. Because re-
ducing costs is the main purpose of rocket reusability and cost functions not being
implemented in the optimization program, the approach of minimizing the mass of
the launch vehicle parts that make up the majority of the costs was chosen (see
Fig. 2.6). Therefore, two different optimization objectives were implemented: min-
imization of the total structure mass of the launch vehicle, as well as minimization
of the expendable structure mass comprising the upper stage structure mass and a
fraction of the first stage structure mass.
6.4.1 Total Structure Mass
Applying the total structure mass as the fitness value and not fixing the delta-v
allocation led to the optimizer finding the launch vehicle configuration with the
lightest overall structure. In addition to fixing the propellant choice to one of the
three propellant combinations, the optimization program was executed twice with
freedom of choice between LH2 and RP-1 as well as LH2 and LCH4 as fuel for each
stage. The restriction of the mandatory use of the same combustion chamber for
all stages was removed to allow selection of different propellants. The results of the
optimizer are depicted in Fig. 6.12.
For each run of the optimizer, the total structure mass and delta-v allocation of
the optimized launch vehicle are presented. The structure mass is further broken
down into the propulsion system mass, consisting of the engines and TVC system,
and the residual structure mass of each stage. It can be observed that with freedom
of choice between hydrogen and one of the hydrocarbon rocket fuels, a combination
with the former in the upper stage and the latter in the first stage was output by
the optimizer. This way, a smaller structure mass is achieved than with the same
propellant combination for both stages. Comparing the two launch vehicles with
different propellant combinations, the launch vehicle with RP-1/LH2 in first/upper
stage with 3200/8800 delta-v allocation yields a slightly lower total structure mass
while the LCH4/LH2 launch vehicle features a 3500/8500 delta-v allocation with a
lower upper stage structure mass, which leads to a larger portion of the structure
mass being reused. Regarding the single propellant combination launch vehicles,
the LH2 launch vehicle has the highest structure mass with a delta-v allocation
of 3000/9000, the RP-1 rocket the lowest structure mass with a 3200/8800 delta-v
allocation and the LCH4 launch vehicle a slightly higher structure mass with a
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3100/8900 delta-v allocation. Whereas for the upper stage the propulsion system
makes up around 20% (LH2) to 27% (RP-1) of the structure mass, the first stage
propulsion system constitutes 23% (LH2) to 28% (RP-1) of the total structure mass.
Figure 6.12: Total structure mass breakdown and delta-v allocation comparison
Fig. 6.13 depicts the length and GLOW as well as their allocation to first stage,
upper stage and payload bay for each of the optimized launch vehicles. While the
LH2, RP-1 and LCH4 launch vehicles show the already observed trends regarding
size and length, the RP-1/LH2 and LCH4/LH2 launch vehicles present a significant
decrease in GLOW and a slight increase in length in comparison with the launch
vehicles using only RP-1 and LCH4.
Comparing the hybrid rockets using RP-1/LH2 and LCH4/LH2 with the LH2
launch vehicle, a decrease in length of 15 m and 12.5 m is achieved, whereas the
GLOW is increased by 62 t and 57 t, respectively. In contrast to the RP-1 launch
vehicle, the RP-1/LH2 rocket’s length is increased by 5 m but its GLOW is de-
creased by 151 t. The LCH4/LH2 launch vehicle features a 93 t smaller GLOW
and 2.5 m greater length than the LCH4 launch vehicle. Comparing the two hybrid
rockets, LCH4/LH2 yields the overall lighter vehicle while RP-1/LH2 has a slight
size advantage.
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Figure 6.13: Length and GLOW breakdown comparison
6.4.2 Expendable Structure Mass
Although the previously used optimization objective does achieve the goal of reduc-
ing the total structure mass, which represents the major cost driver of rockets [50], it
does not consider the effect of reusability. Therefore, the expendable structure mass
was implemented as optimization objective. It consists of the upper stage structure
mass and a fraction of the first stage structure mass depending on the number of
reuses. For example, if the first stage is expected to be reused ten times, 10% of
the first stage structure mass are assumed to be expendable. As cost functions for
the evaluation of recovery and refurbishment costs are not part of this work, it is
possible that the optimum configuration regarding costs may differ from the results
of the optimization program. However, if these costs can be put in relation to the
structure costs, the results can be easily adapted.
Four scenarios with 5, 10, 20 and 50 reuses of the first stage were investigated
for the same five propellant combination configurations as in the previous section.
For the hybrid rockets, the propellant combination had to be fixed for upper and
first stage, as otherwise the optimizer had only selected the hydrocarbon fuel for
both stages of the optimized vehicle using this optimization objective. For each
propellant combination and reuse case, the expendable structure mass, the GLOW
and the first stage delta-v of the optimized launch vehicles are depicted in Fig. 6.14.
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Figure 6.14: Expendable structure mass, GLOW and first stage delta-v comparison
Regarding the expendable structure mass, all propellant combinations show a
similar trend. The LH2 launch vehicle has the highest and the RP-1 launch vehi-
cle the lowest expendable structure mass for all reuse scenarios. While the LCH4
launch vehicle has a slightly higher expendable mass than the RP-1 launch vehicle,
the hybrid rockets present values closely above the hydrocarbon rockets for fewer
reuses and in between the hydrocarbon rockets and the LH2 launch vehicle for a
larger number of reuses. This shift occurs because LH2 upper stages feature greater
structure masses and the influence of the upper stage on the expendable mass in-
creases with the number of first stage reuses. Increasing the number of reuses from 5
to 10, 20 or 50 yields a decrease in expendable mass of 25-28%, 38-44% and 47-53%,
respectively. Comparing the delta-v allocation of the optimized launch vehicles, a
tendency to higher first stage delta-v’s with increasing number of reuses is observ-
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able. If the first stage is reused more often, it becomes profitable to build larger
first stages and smaller upper stages, although this entails heavier overall rockets, as
depicted by the GLOW comparison. Whereas with 4300 m/s the optimized hybrid
launch vehicles already feature a relatively large first stage delta-v for five reuses,
the LH2, RP-1 and LCH4 launch vehicles have a lower first stage delta-v of 3700
and 3900 m/s for this scenario. The RP-1 and LCH4 rocket show a steeper increase
of first stage delta-v, while the LH2 launch vehicle presents the same trend as the
LCH4/LH2 launch vehicle. For 50 reuses, the LCH4/LH2 launch vehicle has the
highest first stage delta-v of 4900 m/s, closely followed by the RP-1/LH2 and LCH4
rockets with 4800 m/s. This also affects the GLOW of these vehicles, which is
disproportionately increased in comparison with the LH2 and RP-1 launch vehicles
featuring the lowest first stage delta-v of 4500 and 4600 m/s, respectively.
Comparing the results of using the expendable mass as optimization objective
with those of the total structure mass indicates that in terms of reusability it may
be economically reasonable to apply delta-v allocations that result in heavier overall
launch vehicles on the one hand but maximize the reusable portion of the rocket
on the other hand. A direct comparison of GLOW values with the results of the
optimization objective GLOW cannot be made, because for those the requirement of
the same combustion chamber in both stages led to slightly heavier launch vehicles







Rocket reusability promises significant cost reductions in the space launch market.
Landing the first stage of a launch vehicle after stage separation allows multiple uses
of the rocket’s most expensive parts, i.e. the propulsion system and the structures.
The staging of the rocket has a large influence on the overall performance, the gross
lift-off weight (GLOW), and the portion of the vehicle that is reused. The shift
in launch vehicle design methodology from high-performance and expendable to
low-cost and reusable also rekindled the discussion about the optimum propellant
combination. Next to the widely used hydrogen and kerosene, methane became a
contestant for future liquid rocket engines. However, no currently operational vehicle
uses methane, making a comparison difficult.
In order to compare the three propellant combinations LOX/LH2, LOX/RP-1
and LOX/LCH4 on a launch system level, it was necessary to identify the opti-
mum rocket parameters. Therefore, a multidisciplinary system design optimization
approach was applied to develop an optimization program that is able to optimize
a launch vehicle with reusable, vertical landing first stage for a given mission, i.e.
payload mass and target orbit. Due to the implementation of various optimization
objectives, the potential applications are manifold. At first, the GLOW was chosen
as the parameter to be minimized, as a ligther rocket implies less costs.
Because of little information being available regarding the delta-v requirements
for retropropulsive landings, SpaceX’s Falcon 9 was analyzed by means of reverse
engineering methods to develop a method of propellant mass calculation. As the
required propellant mass and its allocation onto the stages are subject to the staging
configuration and an optimum cannot be derived with traditional methods in case
of reusable first stages, the delta-v allocation of the launch vehicle was added as a
variable next to the other rocket parameters. In order to model the engines and sub-
sequently evaluate the entire launch vehicle for a given set of parameters, NASA’s
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CEA program and detailed mass estimations were implemented. A regression anal-
ysis and comparison of performance data from generated and existing engines was
necessary to account for the influence of the combustion chamber pressure on the
shifting point position between shifting equilibrium and frozen equilibrium flow in
the nozzle. Furthermore, the implementation of a trajectory simulation was required
to obtain more accurate values for the mean Isp of the first stage engines during as-
cent. The validation of the launch vehicle model in the optimization program with
Falcon 9 as reference vehicle proved the assumptions and estimations to be reason-
able. A difference in GLOW of 3.6% for the GTO mission and only 0.9% for the
LEO mission were achieved for the same delta-v budgets.
Although sensible boundaries were implemented for all rocket parameters, the
enormous amount of possible combinations made the use of genetic algorithms (GAs)
necessary. If none of the rocket parameters are fixed for a particular investigation,
a maximum of roughly 1.7 · 1017 different combinations of the variables and their
boundaries exist. With a tested capacity of around 30 parameter set evaluations per
second, it would take 180 million years to test every possible combination. Here,
the method of GAs to generate a whole population of random solutions and to
manipulate it according to natural selection and genetics promised a more successful
approach. During the hyperparameter tuning which was conducted to obtain the
optimum settings of the GA, its capabilities were impressively demonstrated. With
the GA, in less than 600 s a better launch vehicle was found than in more than
50000 s of random search. On the other hand, the disadvantage of GAs was revealed,
as they do not guarantee to find the best individual solution. Nevertheless, the
results proved that the GA in the optimization program is capable of both, the rapid
testing of configurations and the accurate identification of optimum parameter sets.
The application of the optimization program to investigate the influence of stag-
ing configuration and propellant combination on launch vehicle performance showed
that the GLOW depends strongly on the first stage delta-v. The higher the velocity
at stage separation, the more propellant mass is required for the landing maneuvers.
As expected, the LH2 launch vehicles achieved the lowest GLOWs. However, with
a roughly 45% (LCH4) and 60% (RP-1) higher GLOW, the hydrocarbon rockets
stayed in a reasonable range and further displayed advantages in the launch vehicle
size and structure mass. Applying the assumptions of the RETALT study led to a
very good accordance of the results, whereas a comparison with other current launch
vehicle research studies indicated conservative assumptions for methane in particu-
lar by their authors. The subsequent sensitivity analyses illustrated the influence of
the total delta-v budget, Isp and structural efficiency on the overall launch vehicle
performance. For appropriate delta-v allocations, the deviations in GLOW stayed
within a reasonable range, thus indicating the robustness of the optimized launch
vehicle solutions.
The application of the total structure mass and the expendable structure mass as
alternative optimization objectives was the first step towards cost optimized launch
vehicles and showed the influence of the number of first stage reuses on the launch
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vehicle design. The higher the number of reuses, the larger is the first stage and
the GLOW of the optimized launch vehicles. Furthermore, the results revealed that
hybrid rockets, using hydrogen in the upper stage and hydrocarbon fuel in the first
stage, combine the advantages of both sides. They are smaller in size and structure
mass than the hydrogen vehicle and feature smaller GLOWs than the hydrocarbon
rockets.
Overall, the optimization program proved to be a powerful tool for launch ve-
hicle design and development. Its manifold use cases and application possibilities
allow the investigation of the impact of various design choices on the reusable launch
vehicle as well as the comparison of different configurations. The genetic algorithm
further enables launch vehicle optimization with regard to any possible launch ve-
hicle characteristic.
7.2 Outlook
Based on the work of this thesis, a few suggestions regarding the direction of fu-
ture research can be given, the most important being the implementation of cost
functions into the optimization program. Only when the subsystems of the rocket
are realistically represented on a cost level, can the launch vehicles be optimized
with regard to costs. Especially the propulsion systems need to be differentiated to
be able to investigate the impact of the propellant choice on the costs of a launch
vehicle.
Furthermore, the aerodynamic drag of rockets needs to be researched. A more
detailed consideration of drag in the optimization program and trajectory simula-
tion would enable the determination of the delta-v losses during ascent and more
importantly an accurate estimation of the drag during descent and the resulting
velocity compensation. This would also affect the launch vehicle geometry choice in
the optimization program.
As the mass estimations have a large impact on how realistic the optimized
launch vehicles are, more accurate models can further improve the performance of
the optimizer. Particularly the engine mass estimation would benefit from higher
detail, differentiation between hydrocarbon propellants, as well as incorporation
of combustion chamber pressure and nozzle area expansion ratio into the model.
Also, structural analyses would aid with the dimensioning of the propellant tank
reinforcement and the landing gear structures.
In this thesis, launch vehicles were optimized either for a GTO or a LEO mission
and it was subsequently analyzed if they were capable of accomplishing the other as
well. As launch vehicles are ideally suitable for a variety of missions, a simultaneous
optimization with regard to several different missions could be implemented. An
analysis of the launch market could deliver a measure for emphasizing missions that
99
are expected to be performed more often. Incorporating (reusable) liquid propel-
lant rocket boosters into the optimization program could allow an extension of the
payload capability range of the investigated launch vehicles and hence enable the
optimization of an entire family of launch vehicles, similar to Ariane 6.
The hyperparameter tuning that was conducted in the scope of this work revealed
convergence on a local optimum to be the weakness of genetic algorithms. Therefore,
possible solutions to decrease computation time and increase solution accuracy of
the algorithm need to be examined.
Finally, the implementation of a graphical user interface would simplify the use
of the optimization program and enable people to use it who are not familiar with
its setup and structure.
100
Appendix A
Visible Landing Gear of Falcon 9
Figure A.1: Visible landing gear of Falcon 9 during landing maneuver [13]
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Appendix B
Specific Impulse Comparison of
Existing and Calculated Engines
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Figure B.1: Comparison of the Isp of existing engines with calculated engines with





Parameter Boundary Values Boundary Values
First Stage Upper Stage
Stage Radius (r) 1.5 − 4 m 1.5 − 4 m
min. 0.75 · first stage r
max. 1.00 · first stage r
Nozzle Throat Diameter 0.1 − 1 m 0.1 − 1 m
Combustion Chamber Pressure 50 − 200 bar 20 − 200 bar
Nozzle Area Expansion Ratio 10 − 90 80 − 200
Mixture Ratio LOX/LH2: 4.0 − 8.0
LOX/RP-1: 1.5 − 3.5
LOX/LCH4: 2.0 − 4.0




First Stage Upper Stage
Minimum Number of Engines 5 1
Maximum Number of Engines 15 1
Minimum Acceleration 1.3 g 0.95 g
Maximum L/D Ratio 20
Table C.2: Parameter constraints in the optimization program
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Appendix D
Optimized Launch Vehicle Data
106
D.1 5000 kg Payload - 12000 m/s Delta-v
Figure D.1: Optimization program output - 5000 kg payload, 12000 m/s delta-v,
LOX/LH2
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Figure D.2: Optimization program output - 5000 kg payload, 12000 m/s delta-v,
LOX/RP-1
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Figure D.3: Optimization program output - 5000 kg payload, 12000 m/s delta-v,
LOX/LCH4
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D.2 15600 kg Payload - 9500 m/s Delta-v
Figure D.4: Optimization program output - 15600 kg payload, 9500 m/s delta-v,
LOX/LH2
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Figure D.5: Optimization program output - 15600 kg payload, 9500 m/s delta-v,
LOX/RP-1
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Figure D.6: Optimization program output - 15600 kg payload, 9500 m/s delta-v,
LOX/LCH4
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D.3 7500 kg Payload - 12000 m/s Delta-v
Figure D.7: Optimization program output - 7500 kg payload, 12000 m/s delta-v,
LOX/LH2
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Figure D.8: Optimization program output - 7500 kg payload, 12000 m/s delta-v,
LOX/RP-1
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Figure D.9: Optimization program output - 7500 kg payload, 12000 m/s delta-v,
LOX/LCH4
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D.4 7500 kg Payload - 11500 m/s Delta-v
Figure D.10: Optimization program output - 7500 kg payload, 11500 m/s delta-v,
LOX/LH2
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Figure D.11: Optimization program output - 7500 kg payload, 11500 m/s delta-v,
LOX/RP-1
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